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ABSTRACT

This report discusses the feasibility, scientific objectives, missic
profile characteristics, and implementation of an asteroid belt explora-
tion mission by a spacecraft guided to intercept three or more asteroids
at close range, With the abundance of possible targets in the asteroid
belt a large number of such mission opportunities exist the year round.
A few opportunities have also been identified where a comet can be
included among the targets. Since physical characterigtics of these
small solar system bodies are still almost entirely unknown, the large
amount of new data that could thus be gathered in a single flight makes
this mission concept highly attractive and cost-effective.

A principal consideration in planning a multi-asteroid mission is
to cut cost by adapting an available and flight-proven spacecraft design
such as Pioneer F and G, augmenting its propulsion and guidance capa-
bilities and revising the scientific payload complement in accordance wi
required mission characteristics, The purpose of this study has been
to determine how much spacecraft modification would actually be neces-
sary in order to meet the objectives and requirements of the mission,

A ground rule of the study was to hold design changes to a minimum and
to utilize available technology as much as possible. However, with
mission dates not projected before the end of this decade, a reasonable
technology growth in payload instrument design and some subsystem
components is anticipated that can be incorporated in the spacecraft
adaptation,

A modified Pioneer spacecraft capable of performing a mission to
Ceres and two smaller asteroids in mid-~1978, or other mission options
with similar velocity requirements, would have a gross weight of 970
pounds, including 340 pounds of hydrazine for retargeting and terminal
guidance manecuvers, and would provide a science payload capacity of
75 pounds, As in Pioneer F and G, the launch vehicle is Atlas/Centaur,
TE364-4, The RTG power sources of Pioneer F/G can be retained.
The communications and data handling subsystems are modified to pro-
vide the increased telemetry bit rate (32, 8 kpbs) required by an uprated
imaging system and other asteroid observation instruments.,
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i. EXECUTIVE SUMMARY

{.1 BACKGROUND: SCIENTIFIC INTEREST IN ASTEROID
EXPLORATION

In recent years the general scientific interest in the small bodies
of the solar system, i.e., asteroids and comets, has increased to the
point where early unmanned exploration missions to these targets are now
being seriously discussed and studied by astrophyicists, space mission
planners, and spacecraft designers. The rationale for such missions
may be summarized as follows:
o The body of existing knowledge on the physics
and origin of asteroids and comets is limited

and would be greatly enhanced by in-gitu
observation.

0 Observability from earth is hampered by the
small size, faint visual magnitude, and generally
large observation distance of most of these objects.

o Many researchers believe that increased knowledge
of the evolutional history and present physical state
of the small bodies would be an important contri-
bution to understanding the evolution of the solar
system as a whole.

0 Of particular interest will be any new evidence
regarding processes of fragmentation and accretion
of asteroids; this can only be obtained by close
observation of their physical features and surface
characteristics.

0 The enormously large number of such objects in
all size classes facilitates the selection of con-
venient targets for flyby missions that could be
launched almost any time. Furthermore, the
energy requirements for such missions are
generally quite modest.

Several important conferences have been held recently which
specifically considered the physics of asteroid and comets (References
i-1, -2, and 1-3), and included discussions of potential mission plans
and objectives. The Proceedings of the International Conference on
Physical Studies of Minor Planets (Tucson, Arizona 1971) (Reference 1-1)

is a particularly useful document containing a collection of nearly 70

1-1



up-to-date papers on asteroid research, including contributions of leading
scientists in this field. Articles in this volume will be referenced through-

out this report.

A 1971-72 NASA Advisory Panel on Comet and Asteroid Exploration,
under the Chairmanship of Dr. E. Stuhlinger, has issued a report on the
strategy of exploration of asteroids and comets (NASA TM X-64677,
Reference 1-4). Mission classes considered in this report range from
simple ballistic flyby missions to multiple flybys, rendezvous, docking,
and surface sample return to earth. Scientific mission objectives and
payload complements to be carried on such missions are alsc discussed

in this report.

A mission class that has been recommended by the Advisory Panel
for early implementation is the multiple flyby mission, involving either
several asteroids or a comet and several asteroids. The advantages of
such missions, i.e., their potentially high-scientific yield and high cost-
effectiveness are obvious, but this is offset by a somewhat greater com-
plexity of implementation. A study of these aspects and a determination

of feasibility and technology requirements is therefore of timely interest.

TRW Systems' Study of Multiple Asteroid Flyby Missions based on
an adaptation of the Pioneer F and G spacecraft which is reported here,
reflects in part the recommendations of the NASA Small Bodies Panel,
and provides data that will be useful in assessing feasibility and defining

mission planning requirements.
1.2 MULTIPLE ASTEROQID FLYBY MISSIONS

The large population of observed asteroids (nearly 2000 of them
numbered and catalogued and about 2000 more identified by the Palomar-
Leyden survey) offers many opportunities for multiple asteroid flyby mis-
sions that require only modest refargeting maneuvers between encounters.
Brooks, et al of NASA Langley Research Center (Reference 1-5) have
compiled a large list of such mission opportunities in the late 70's and
early 80's with total retargeting maneuver requirements of less than
1000 m/sec. Their study recommended the use of the Pioneer spacecraft,
modified to provide the required additional propulsion capability and on-

board target detection for terminal navigation and guidance, as a low-cost

1-2



approach to multi-asteroid missions. The feasibility of this approach
and the required modifications of the Pioneer F and G design are the

subject of this study.

Figure 1-1 illustrates the concept of a multiple asteroid flyby mis-
sion. The solid line is a reference ballistic trajectory through the
asteroid belt selected such that the spacecraft encounters at least one
asteroid (Target 1), but passes close to several others. Retargeting
maneuvers are performed after passage of each target to minimize AV
expenditures. The résulting trajectory (dashed line) is in effect a

"broken-field run'" composed of conic arcs.

4

TRAJECTORY
TARGET N+l
TARGET N =T
R ‘ ¥ )
i
% MANBUVER SEQUENCE ! 2
{SCHEMATIC)

' Figure i-1. Multiple Asteroid Flyby Mission
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A schematic illustration of the required maneuver sequence is
shown at the bottom of Figure 1-1. After passing the Nth target a re~
targeting maneuver R1 is performed, followed by a trim maneuver R2
if required, to deflect the solid (reference) trajectory as close to the
target N + 1 as possible, using the best available prediction of the posi-
tion of tha,t target at encounter. Terminal guidance corrections, T1 and
T, will be performed as required as soon as onboard target detection

permits updating of position data.

The use of iterated terminal maneuvers reduces the propellant
expenditure and increases terminal guidance accuracy. A very close
approach, typically of the order of 100 km, is required for small asteroids
primarily to be able to observe gravitational effects, e.g., by small
doppler velocity changes, and thus to determine the asteroid's mass.

This requires that the spacecraft be equipped with an optical target sensor
for accurate terminal navigation measurements since earth-based termi-
nal navigation is unsatisfactory, with asteroid emphemeris uncertainties

as large as several thousand km.

Similar mission profiles can also be flown which include comet and
asteroid encounters, using the same techniques of retargeting and termi-
nal guidance. Such missions have been investigated by Brooks (Reference
1-6}, Bourke and Bender {Reference 1-7) and in a recent TRW study

(Reference 1-8), and will be discussed below in Section 1. 7.
1.3 STUDY OBJECTIVES AND GUIDELINES

The preceding sectioﬁs have outlined the principal requirements of
a multi-asteroid mission. In this study only the basic feasibility questions,
spacecraft performance requirements and design characteristics were to
be investigated, using the existing Pioneer F and G spacecraft as a base-
line. The study objectives may thus be summarized as follows:
. Perform mission analysis of multi-asteroid

flyby and define spacecraft design and
operating requirements

L Define scientific objectives of the mission and

determine preliminary science payload com-
plements that meet these objectives

1-4



Define a preliminary mission profile, including
details of the asteroid encounter phase

Determine feasibility of achieving multi-asteroid
missions with a Pioneer F and G type spacecraft
and identify the required modification from the
present Pioneer F and G configuration

Define the terminal navigation and guidance
method compatible with Pioneer and evaluate its
accuracy

Show Pioneer applicability to combined asteroid/
comet flyby missions

Identify areas for additional study and development
pertaining to multi~asteroid mission implementation.

The principal criteria to be used in defining the required design

modifications of the existing Pioneer F and G configuration must be

simplicity and cost economy as expressed by the following guidelines,

which were established at the outset of the study.

Hold modifications of Pioneer F and G configuration
to a minimum

Emphasize mission implementation simplicity
and cost savings

Stay within the launch performance envelope of
Atlas/Centaur/TE-364-4

Use current state-of-technology (e. g., for
terminal navigation and guidance)

Achieve at least triple asteroid flyby

Provide flexibility of launch dates for a variety
of target options starting in the late 1970's,

1.4 KEY DESIGN FACTORS FOR THE PIONEER MULTI-ASTEROID
SPACECRAFT

Adaptation of the Pioneer spacecrait to the requirements of a

multi-asteroid flyby mission involves primarily:

A larger maneuver capability commensurate
with the required retargeting and terminal
guidance maneuvers

An accurate terminal navigation system

1-5



¢ A change in the science payload complement
keyed to asteroid observation objectives.

A recent study by TRW Systems has defined a conceptual design
which adapts the Pioneer F and G spacecraft to a Jupiter Orbiter mission
{(Reference 1-9). This study concluded that the current hydrazine pro-
pulsion system, which provides a AV capability of 200 m/sec, can be
enlarged to provide 800-900 m/sec without major structural redesign of
the spacecraft, by increasing the size of the hydrazine tank from its |
present diameter of 16.5 inches to 25 inches. This change necessitates
relocation of some other components, but the basic spacecraft configura-
tion remains intact. If 600 m/sec of this propulsion capability is
allocated to retargeting maneuvers, and the balance to terminal maneuvers,
midcourse maneuvers, and attitude control, the spacecraft would be able
to perform at least one-half of the large number of asteroid mission
options that are listed in Brooks' paper (Reference 1-5), i.e., a total of

48 missions in the time period from 1978 to 1981.

The modified Pioneer design for the Jupiter Orbiter is a logical
step in the direction of the design adaptations to be made for the asteroid
mission. An outline of other steps required in this evolution from the
baseline Pioneer F and G is illustrated by the flow chart shown in
Figure 1-2. Factors that dictate the selection of design features in the
modified Pioneer are the scientific objectives and the target encounter

geometry.

Adaptation of the Pioneer spacecraft to the asteroid mission re-
quirements follows a logical flow of design choices, as indicated by a
network of arrows. Design features of the asteroid spacecraft that differ
from the Pioneer F and G baseline and the Jupiter Orbhiter design are
indicated in heavy outline. The imaging requirements and the constraint
of a very short encounter time lead to design modifications particularly

in data handling and storage, telemetry and optical sensor pointing control.
1.5 PIONEER DESIGN MODIFICATIONS FOR MULTI-ASTEROID MISSIONS

Figure 1-3 indicates exterior modifications that are necessary to
adapt the Pioneer F and G spacecraft to the requirements of multi-asteroid
flyby missions. Modifications to various subsystems (not shown here)

include:
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] A dual X-/S-band communication subsystem that
provides up to 32. 8 kbps of data rate capability
to accommodate the improved line-scan image
system. ) :

e  Addition of a 600 kbit solid-state data storage
unit replacing the 50 kbit core memory of the
present Pioneer.

®  Adaptation of the data handling and command
distribution subsystems as required by the
change in the communication subsystem and DSU.

The principal design modifications of Pioneer F and G are sum-
marized in Figure 1-4 allowing a comparison of the multi-astercid
spacecraft with the original Pioneer F and G and the Jupiter Orbiter
configurations. Items marked by light shading are those already modifie:
in the Jupiter Orbiter. Items marked by dark shading require new or

additional modification in the asteroid spacecraft.

The most significant set of new changes involves the adoption of a
gimballed line-scan camera, high-data rate telemetry, changes in the
DT U and CDU and addition of a large capacity MOS data storage unit.

The enlarged maneuver capacity of the Jupiter Orbiter is used in the
asteroid spacecraft practically without change, except for a much smalle:

5-1bf main thruster in the asteroid spacecraft.

The science payload instruments required for asteroid flyby differ
appfeciably from the Jupiter flyby instruments as indicated by the legend
in Figure 1-3. All but four of the Pioneer F and G science payload
instruments have been eliminated and only those that are useful in direct
asteroid observation or for measurements of ambient phenomena have

been retained.

Table 1-f lists the payload instruments tentatively selected for
the multi-asteriod mission. The total weight (57. 4 pounds) and power
requirement {30. 3 watts) is compatible with spacecraft capabilities.
Experiments with highest priority are those directly related to the
physics {structure, composition, shape, texture, ‘thermal properties,
magnetism mass, etc.) of the asteroid and its immediate environment.
All others have a lower priority. The magnetorﬁeter and plasma wave

detector determine the interaction of the asteroid with the solar wind and
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Figure 1-4. Matrix of Modifications
the interplanetary magnetic field if any. But even the lack of such

interaction or of a measurable asteroid magnetic field, if ascertained by

the mission, would be an important contribution to understanding asteroid
physics.

The meteoroid sensors are justifiable as payload elements because
during the cruise they perform measurements as to origin and composition
of dust particles to provide clues as to fragmentation and accretion pro-
cesses at work in the basteroid belt, while near encounter they may
detect an influence of the asteroid on the particle flux environment. The
asteroid/meteoroid detector (Sisyphus) may also be useful in detecting

asteroids that pass at some distance.
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Table 1-1. Prelimimary Payload
Instrument List
PHENOMENA TO
INSTRUMENT . BE OBSERVED
LINE SCAN SURFACE FEATURES

IMAGE SYSTEM

IR RADIOMETER "

PHOTO- *
POLARIMETER

ASTEROID/
METEQROIP
DETECTOR

COSMIC DUST
AMNALYZER

MAGNETOMETER

PLASMA WAVE
DETECTOR

GRAVITY
GRADJOMETER

SHAPE OF ASTEROID

TEMPERATURE PROFILES
THERMAL COMNDUCTIVITY

SURFACE COMPOSITION
AND TEXTURE

ASTERCID PHOTOMETRIC
CHARACTERISTICS

METEOROID DISTRIBUTION

COMPOSITION OF DUST
PARTICLES

MAGHNETIC DISTURBANCE
CAUSED BY ASTEROID
MAGNETIC FIELD, IF ANY

SOLAR WIND INTERACTION
WITH ASTEROID .

ASTEROID GRAVITY (BACKUP
TO DOPPLER GRAVITY
MEASUREMENT)

*CARRIED BY PIONEER F AND G.

1. 6 MISSION CAPABILITY

CONSTRAINTS

Principal constraints on
mission capability of the modified
Pioneer are illustrated in Fig-
ure 1-5. This graph shows solar
distance versus time for a set of
asteroid belt orbits with aphelia
up to 4 AU. The injection capa-
bility of the Atlas/Centaur/TE-
364-4 (980 pounds total spacecraft
weight at Voo = 7.7 km/sec) would |

allow a maximum aphelion distance

~of 3.8 AU in a trajectory confined

Actually the

aphelion could be significantly

to the ecliptic plane.

lower for trajectories with a major

out-of -plane component.

The SNAP-19 RTG power
sources adopted from Pioneer F
and G give only marginal power for

mission times exceeding two years

since the spacecraft requires nearly 130 watts of power with all science

instruments operating simultaneously.

However, some of the less

essential instruments may be turned off if necessary for encounters

occurring after two years.

The selected X-band transmitter power (7 watts) permits telemetry

at the desired bit rate of 32. 8 kbps to communication distances of 3. 5 AU,
as indicated by the wave-shaped boundary in the upper portion of the plot.
Operating at the lower bit rate of 16. 4 kbps beyond this boundary, would
mean that only two out of three image frames (230 kbits each)} can be |
transmitted rather than every image obtainable during an asteroid en-
counter. Communication blackout zones that may occur after about one
and two years from launch are of little importance and can generally be

avoided.
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A more significant constraint is imposed by the asteroid detection
range that is required for effective navigation. For asteroids fainter
. than magnitude 12 the selected sensor with a detection threshold of 5th
magnitude makes the acquisition range, and hence, the time remaining
for terminal maneuvers, critically short. In the selected 1978 sample
mission that will be discussed in subsequent sections of this report
shown by a dashed trajectory in Figure 1-5, the third encounter, at
860 days from launch, is with the large asteroid Ceres (4th magnitude).
This eliminates the acquisition problem in spite of the poor lighting
conditions that characterize encounters in this region of the spacecraft

trajectory.

As a summary of mission capability versus capability limits, this
mission map shows that the spacecraft can perform satisfactorily within
a wide range of mission options, but would encounter functional con-
straints if a nominal range of conditions is exceeded (e. g., communicati
range, migsion duration, target acquisition capabilities, etc. ). As the
limits of nominal performance are reached under these conditions, the

capabilities decline gradually rather than abruptly.

Each of the constraints illustrated in the mission map could be
alleviated by increasing the performance characteristics of some sub-
systems, viz, RTG power, transmitter power, sensitivity threshold of
the navigation sensor, propellant capacity, etc. Actually to conform
with the stated objectives of design simplicity and cost economy it is
preferable to accept limited performance under some conditions than to
design or modify the system to the point where its performance exceeds
nominal mission requirements.

1.7 APPLICABILITY OF ASTEROID SPACECRAFT TO COMBINED
COMET /ASTEROID MISSIONS

Several comets accessible in the late 70's have been considered as
possible targets in missions which alsc include asterbid flybys (Ref-
erences 1-6, 1-7 and 1-8). Thus, a mission to comet Whipple launched
in early 1977 would encounter Asteroid 939 (Isbergar) or several others,
A mission to comet Forbes, launched in late 1977 would encounter
Asteroid 49 (Pales) a large asteroid with a diameter of about 100 km,
and a third target e. g , asteroids 303, 327, and 609.. These missions
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can be performed within the 900 m/sec maneuver capability of the

Pioneer asteroid spacecraft.

The scientific return expected from a combined comet/asteroid
flyby mission is of course much greater than if only one type of target
is encountered. Commonality of the spacecraft features required to
achieve asteroid cr comet flyby make combined missions feasible and

highly cost-effective.
The following characteristics are noteworthy:

. The reference trajectory is targeted to the
comet; only a modest AV (typically < 600 m/sec)
is reguired for retargeting maneuvers to two
asteroids.

L The comet should be selected as the last target
if possible, to permit observation close to
perihelion which is scientifically more rewarding,
and to reduce the risk factor.

. Comets are more readily detectable than asteroids
after aphelion passage.

. Some comet flybys are nearly in a radial direction
along the tail: this permits extended comet
observation in spite of the high relative
velocity (>10 km/sec).

¢ Observation modes are otherwise comparable to
asteroid encounters.

o The science payload must include instruments
not carried in missions to asteroids only (e. g.,
spectrometry of gas and ion constituents), hence
extra payload weight allowance is required.
1.8 SUMMARY OF RESULTS

Results obtained in this study are briefly summarized as follows:

1} Mission Concept and Implementation

a) Multi-asteroid missions are feasible for a
modified Pioneer F and G spacecraft with
augmented propulsion capability and equipped
with a terminal navigation sensor.

b) A total AV capability of 900 m/sec {of which

600 m/sec is allocated to retargeting maneuvers)
is sufficient for a wide range of multiple asteroid
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mission options, and even some cometfasteroid
missions. '

¢) A star mapper with a sensitivity of 5th magnitude
and 0. 1 mrad accuracy meets onboard terminal
navigation requirements.

d}) Terminal guidance corrections starting one to
two days before encounter require 50 m/sec on
the average in each case.

e¢) Desired closest approach distance is 100 to
300 km, depending on asteroid size.

f) Asteroid a priori position errors as large
as 10, 000 km can be corrected with a terminal
accuracy of 20-50 km if target brightness is
sufficient for an early acquisition (106 km}).

g) Unless encountered in the first half of the mis -
sion, faint asteroids (M = 12) cannot be detected

in time for terminal maneuvers.

Spacecraft Adaptation and Science Instruments

a) Required minimum configuration change of Pioneer
F and G: greater propellant load, addition of
thrusters and gimballed terminal navigation sensor.

b) The equipment bay is enlarged to accommodate
equipment displaced by the enlarged propellant
tank. :

¢) The electronic system redesign involves the
telemetry system, data handling, data storage,
and command distribution.

d) The Jupiter Orbiter design concept (Configuration 1)
is directly applicable to this mission. With a AV
capacity increased to 950 m/sec a wide range of
multi-asteroid mission opportunities are available.

e) With V, requirements of about 7 to 7. 5 km/sec Atlas/

. ——--Centaur is-adequate for all-candidate missienss -~ — - —

f} No spacecraft reorientation is required except during
retargeting maneuvers after each asteroid encounter.

g) The SNAP-19 RTG {(four units} of Ploneer Fand G
provide adequate power for most mission options.

h) The science payload complement of Pioneer F and G
must be changed for effective asteroid observation,
but four of the existing Pioneer I and G instruments
can probably be retained.
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i) A line-scan image system with 195 picture cell
solid-state detectors is proposed which provides
a surface resolution of better than 100 m at 100 km
approach distance.

j}  Gimballing of the optical sensor package is essential.
A reprogrammable pointing sequence is used that
can be automatically updated during flyby, using image
system data for pointing error detection.

1.9 COST ECONOMY

The multi-asteroid mission concept is inherently cost-effective
since the scientific yield of the mission increases with the number of
targets encountered. Different asteroids are expected to have different
physical characteristics that can be explored in a single flight. A com-
bined asteroid/comet flyby mission would be even more cost-effective in

this respect.

To make this mission economically attractive we emphasized
simplicity of implementation and limited the modifications of the basic
Pioneer F and G spacecraft, in accordance with the study guidelines.
Constraints on mission options and spacecraft capabilities permit major
cost reductions without compromising feasibility or scientific value of the
mission. These points can be summarized as follows:

. The cost-effectiveness of multi-target missions is

high, especially if both asteroid and comet flybys
can be achieved in a single mission.

® Reasonable limits on spacecraft performance can
greatly reduce cost and complexity without redundancy
scientific value of the mission (e. g., propellant weight,
power, and telemetry rate limits).

o Launch vehicle and onboard propulsion {AV) economy
is achieved through restriction of mission options.

® . Modifications of the baseline Pioneer F and G
design are held to a minimum.

. The selected design is compatible with other advanced.
Pioneer missions, e.g., Jupiter Orbiter.

®  Only modest onboard navigation sensor accuracy and
sensitivity is required.

. No onboard computation is required.
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A quantitative cost-versus-capability tradeoff, not possible within the

framework of this study, should still be performed.
1.10 PRESENT VERSUS NEW TECHNOLOGY

The study has shown that multi-asteroid missions are feasible with
the present technology as embodied by Pioneer F and G, but improved
capabilities are required in some subsystems as listed below. Most of
the technology required for this improvement is available today, the
limiting factor being primarily the cost of redesign, test, etc. Also
listed are areas of new technology development and/or adaptation of novel

techniques required to implement the mission.

i. Present Pioneer Technology

. Basgic Pioneer spacecraft (configuration,
electrical design, etc.)

¢  Basic mission profile and duration
. Ground system interfaces

. 50 percent of present Pioneer F and G
payload instruments are retained.

2, Uprated Pioneer Capabilities (Technology Available)

¢ Increased propellant load
. Onboard terminal navigation sensor

. X-/S-band communications {maximum
bit rate 32, 8 kbps)

¢ Solid-state photodetector for line-scan
imaging system.

3. New Technology Development or Adaptation

¢ Practical implementation of terminal
navigation concept (spacecraft and
ground system)

. New scientific payload instruments
(especially for comet flyby)

®  Autonomous payload pointing during
critical flyby phase.
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{.11 RECOMMENDED STUDY AREAS

' Additional study is warranted in several areas that could not be
covered in sufficient depth within the framework of this study phase.

These subjects are:

1. Payload Complement

o Instrument selection and definition

L Interfaces

¢ Adequacy of spacecraft resources
(power, data rate, and weight capacity}).

2. Line-Scan Image System

® Technology adaptation

w

Navigation Sensor

L Technology adaptation

4. Precision Sensor Pointing During Flyby

. Image tracking {(additional study)

. Selected aim points on asteroid surface

5. Combined Comet/Asteroid Missions

. Commonality with multi-astercid spacecraft

6. Next Phase of Multi-Asteroid Spacecraft Design

Among the study areas listed above, three tasks have higher
priority than others (not necessarily in the order listed) and are recom-

mended for inclusion in a follow-on study.

. Determine compatibility of the multi-asteroid
spacecraft configuration with comet/asteroid
mission requirements (Item 5).

. Define common design improvements required
for other advanced Pioneer missions as well as
for the multi-asteroid {and comet} mission
(Items 2, 3 and 4).

. Define payload instruments (Item 1}: this is
required to determine adequacy of the conceptual
spacecraft design.

The next spacecraft design phase {Item 6) must await better definition
of overall plans for asteroid/comet exploration and can be postponed at

least until concurrent studies of other advanced Pioneer applications are

completed. {-18
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2. SCIENTIFIC MISSION OBJECTIVES AND PAYLOAD

2,1 SCOPE

In keeping with study guidelines, this investigation of scientific
mission objectives and payload composition was aimed primarily at
defining mission profile, observation mode, and spacecraft design

requirements that are dictated by these objectives.
The tasks included:

® Determination of principal scientific objectives and
their relative priorities

@ Selection of a representative science payload complement

¢ Determination of mission profile requirements and
constraints, dictated by scientific objectives and science
instrument operation '

¢ Definition of spacecraft design requirements and opera-
tional modes that must be implemented to meet the
mission objectives and accommodate the (postulated)
payload instruments.
A description of the scientific instruments and measurement
techniques was omitted except for the imaging system which has a domi-
nant effect on spacecraft design and operation. Some important tradeoffs

in asteroid mass determination were also investigated.
2.2 SCIENTIFIC MISSION OBJECTIVES

2. 2.1 Rationale for Asteroid Flyby Missions

Scientific objectives of asteroid observation by flyby and rendezvous
missions are discussed in several articles contained in the Proceedings
of the IAUSymposium onMinor PlanetStudies (Reference 1-1). Many other
papers on asteroid physics and objectives of asteroid research in general
that are included in the Proceedings prbvide relevant background material

for this study.

Some of the papers in Reference 1-1, notably articles by Alfvén
and Arrhenius (References 2-1, 2-2), Stuhlinger (Reference 2-3)
Bratenahl (Reference 2-4), Gehrels (Reference 2-5), and Marsden
(Reference 2-6) discuss the merits of relatively simple asteroid flyby
missions and make strong arguments for an early implementation of

missgions of this class.
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The strategy of asteroid and comet exploration developed by the
1971 NASA Advisory Group on Small Bodies Missions {Reference 1-4)
envisions the role of early asteroid flybys as precursors to more elaborate
future missions that would include rendezvous, landing or ''docking, "
and even the return of sample material to earth. In such a sequence, the
initial physical data gathered via flyby will be indispensable to the formu-
lation of an effective program of future missions, and the evolution of

spacecraft design and scientific instrumentation.

Summarizing from the contents of the referenced articles, the

scientific objectives of asteroid flyby include the following:

1. Observations by optical sensors

o Asteroid shape and size
Rotaticnal characteristics
Surface features

Surface composition and texture

Cratering, fractures, and other evidence of past
collisions

e TFhotometric characteristics
Thermal characteristics such as temperature
profiles and thermal conductivity.
2. Determination of asteroid mass and density
e Gravity {or gravity gradients) and mass

e Density, inferred from mass and dimensions.

3. Physical observation of asteroid environment
e Magnetic field (if any)
e Interaction with solar wind

e Micrometeroid flux in immediate vicinity.

4. Phenomena related to general mission objective

® OSpatial density of asteroidal and cometary
meteoroids, and of asteroids that can be
detected in the distance

Composition of meteroids

Magnetic field and plasma phenomena in different
regions of the asteroid belt.
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Optical observation, in particular acquisition of high-surface
resolution images, and mass and density determination are regarded
as priority objectives, From interpretation of surface features (such
as size and distribution of craters, percent of surface coverage by
craters, evidence of major collisions, existence of fracture zones)
the age and evolutionary history of the asteroid can be deduced. . This
has been demonstrated impressively in the case of high resolution
pictures taken by Mariner 9 of the Martian satellites Phobos and Deimos
(References 2-7 and 2-8) at distances of 5500 km or greater. These
satellites are believed to be very similar to asteroids in size, shape, and

surface features.

Interest in asteroid mass and density is related in general to
questions regarding the origin of the asteroids and their relation to
comets and meteoroids. Of particular interest would be evidence that

mass density decreases systematically with solar distance.

A recent theory on the condensation of material from the solar
nebula postulates that the density of the evolving planets and planetoids
is correlated with equilibrium temperatures in the solar system
(Reference 2-9). Evidence needed to confirm this theory may be found
by detecting a systematic variation of asteroidal density with solar
distance. This suggests that target asteroids be selected from the
inner and outer region of the belt, and that asteroids in near-circular
orbits promise to supply more relevant data than those in eccentric

orbit that may have been perturbed from the initial circular orbit. *

This objective underscores the importance of accuracy in the
determination of mass and size, and hence mean density, of the asteroids

encountered (see Section 2. 6).

2.2.2 Target Asteroid Selection Criteria

One of the principal advantages of a multiple asteroid flyby mission
is the large variety of choices open to the mission planner in selecting
preferred target asteroids. Scientific interest in large and small asteroids

is equally strong. Asteroids of different size classes should be selected

*Personal communication from Dr., J. E. Lewis of MIT.
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as targets since data obtainable by observation of large and small
asteroids can be expected to complement each other in contributing to

the general knowledge of asteroid physics.

Of particular interest is an apparent anomaly in the statistical
distribution of asteroidsofthe larger versus the smaller size classes
inferred from photometric observations (Reference 2-9). The charac-
teristic bend in the distribution curve occurring in the range of asteroid
magnitude 10 to 12 could be the result of the continual collision and
fragmentation process in the asteroid belt. The population density of
the smaller asteroids would thus tend to deviate increasingly from an

original, more nearly Gaussian distribution of the whole population.

Although the small sample of asteroids to be observed in one or
serveral multiple asteroid missions cannot provide enough statistical
evidence regarding this hypothesis, the search for characteristic
differences correlated with asteroid size is considered an important

mission cbjective that should influence the target selection.

Practical considerations favorthe largertargets: their orbital
characteristics are generally better known, thus the a priori guidance
errors are smaller; terminal guidance correction is facilitated by the
greater ease of obtaining early navigational fixes; and for a given flyby
distance more physical data can be acquired, the mass determination is
more accurate, and magnetic/solar wind interactions are more likely to
be observable. These factors must be traded off against the equally high

scientific interest in the small but harder to reach asteroids.

As the most logical approach to target size selection we propose
that a large, a medium, and a small asteroid be included among the
targets of a three-asteroid flyby mission, or at least one large and
two small asteroids. A mission to more than three asteroids would
be desirable but is rar'ely feasible under the constraints of limited

maneuver capability.

s

mReference 2-13.
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2.3 PAYLOAD INSTRUMENT SELECTION

In accordance with the priorities of scientific observations
outlined in Section 2. 2, a complement of eight payload instruments was
selected, see Table 2-1. This selection is tentative and will undoubtedly
be revised in subsequent studies as specific mission plans become more
firmly established. However, the listed set of instruments can be used
as representative example for purposes of defining mission profile
options, spacecraft design features and observation modes that are

essential for making effective use of this payload.

The table lists the instruments; the principal phenomena to be
cbserved by each; some of the constraints which they imbose on mission
design and spacecraft functions; and estimated weight and power require-
ments. The total weight (57. 4 pounds) and power (30. 3 W} are compat-
ible with a Pioneer type spacecraft, although the power requirement

{Pioneer F/G: 24 W) is on the high side, see Sections 6, 7.

Not all of the instruments listed have equally high priority. The
imaging system, IR radiometer, photo-polarimeterf gravity gradiometer,
and magnetometer measure physical characteristics of the asteroid itself
and rank higher on the priority list than the asteroid/meteoroid detector

{(''Sisyphus''}),  the cosmic dust analyzer and the plasma wave detector

which observe the near or distant environment.

A strong argument can be made for including the latter three
instruments in the proposed list. The two micrometeroroid sensors are
Justifiable because by measuring distribution, origin and composition of
dust particles encountered along the trajectory, they provide data on the
fragmentation and accretion processes continuously at work in the
asteroid belt. Close to encounter these sensors may detect the asteroid's
influence on the particle flux environment, particularly if the asteroid is
one of the larger ones. By counting larger meteoroids or asteroids
passing within detectable range, the asteroid/meteoroid detector pro-
vides additional data on spatial density distribution. Observation of the
background particle flux is a relevant objective of the mission,‘ although

not directly associated with the asteroid flyby.

als ols

Reference 2-14,

o
0

"Reference 2-15.
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Table 2-1. Preliminary Payload Instrument List

PHENOMENA TO CONSTRAINTS ON WEIGHT POWER
INSTRUMENT BE OBSERVED MISSION/SPACECRAFT (LBS) o)
LINE SCAN SURFACE FEATURES ) 12.0 €) 8.0
IMAGE SYSTEM | <ApE OF ASTEROID MUST BE GIMBAL-MOUNTED.
. REPROGRAMMABLE POINTING
" IR RADIOMETER | TEMPERATURE PROFILES SEQUENCE. 4.3 1.7
THERMAL CONDUCTIVITY IMAGE SYSTEM REQUIRES HIGHER
MEMORY CAPACITY AND HIGHER
PHOTO- . SURFACE COMPOSITION TELEMETRY BIT RATES THAN 9.1 4.1
POLARIMETER AND TEXTURE PIONEER F AND G
ASTEROID PHOTOMETRIC ESTABLISHES PREFERRED B-VECTOR
CHARACTERISTICS ORIENTATION
ASTEROID/ METEOROID DISTRIBUTION NONE 7.3 2.8
METEOROIp
DETECTOR |
COSMIC DUST COMPOSITION OF DUST NONE ) 6.0 &) 2.6
ANALY ZER PARTICLES |
MAGNETOMETER | MAGNETIC DISTURBANCE MAINTAIN HIGH MAGNETIC 5.2 4.
CAUSED BY ASTEROID CLEANLINESS
MAGNETIC FIELD, IF ANY REQUIRES CLOSE APPROACH
PLASMA WAVE - | SOLAR WIND INTERACTION REQUIRES CLOSE APPROACH 3.5 2.0
DETECTOR WITH ASTERQID .
GRAVITY ASTEROID GRAVLTY (BACKUP REQUIRES CLOSE APPROACH (&} 10.0 {e) 5.0
GRADIOMETER | TO DOPPLER GRAVITY ESTABLISHES PREFERRED B-VECTOR
MEASUREMENT) ORIENTATION
SPACECRAFT ORIENTATION CON-
STRAINS MEASUREMENT
TOTAL 57.4 30.3

*CARRIED BY PIONEER F AND G.
(a) ESTIMATED VALUES




The plasma wave detector used in combination with the magnetometer
determines interactions of the asteroid with the solar wind and the inter-
planetary magnetic field, if any. Even the absence of such interactions
or a magnetic field strong enough to be registered by the sensors would
constitute information that contributes to an understanding of the physics

of asteroids.

Mass determination will be performed by gravity gradient measure-
ments onboard the spacecraft and by Doppler velocity measurements by
the DSN stations. The two approaches complement each other as their
accuracy is differently affected by asteroid size and encounter geometry.
2.4 CONSTRAINTS IMPOSED BY SCIENCE OBJECTIVES ON

SPACECRAFT DESIGN FEATURES AND OBSERVATION
MODES :

2. 4.1 Influence on Spacecraft Design

Asteroid imaging is one of the highest-priority objectives of the
mission. The spacecraft design must provide the necessary equip-
ment for pointing the image system at the target under rapidly changing
aspect angles. The pointing mechanism must be designed for effective
ima.ge taking unaffected by the continuous rotation of the spacecraft.
This mechanism can be shared by the other two optical sensors (IR radio-

meter and photopolarimeter) that must be pointed in the same direction.

Effective asteroid viewing is compatible with a spinning spacecraft
if the sensors are gimbal-mounted and oriented at the proper cone angle
such that the sensor field of view encompasses the asteroid for some time
interval during each rotational sweep. In principle this limits the number
of close-up images obtainable during the short flyby. However, in
practice the amount of image data that can be acquired and telemetered
to earth proves to be more severely limited by available telemetry rates

than by the intermittency of exposure.

As will be discussed below a high resolution line scan image system
with 200 x 200 picture cells per frame, at 6 bits per picture cell, generates
240 kbits per frame and requires a telemetry bit rate of 20 kbps with one
exposure occurring during every 12 second revolution period. To
accommodate this data flow a high-capacity buffer storage must be pro-

vided replacing the 50 kbit core memory used in Pioneer F and G,
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and the data handling and telemetry subsystems must be modified. The
primary concern in this study with capabilities of the image system and
with the design requirements it imposes on the spacecraft is explained
by these factors. The data requirements of all other sensors combined
are negligible by comparison.

2. 4. 2 Influence on Selection of Encounter Conditions and
Observation Modes

Asteroid encounter conditions that are best suited for effective
scientific observations can be achieved by controlling the position of the
closest-approach point relative to the asteroid, i.e., the closest approach
distance as well as the angle of the Bvector in the impact plane R, T (see
Figure 2-1). In a major planet flyby mission this is accomplished by
appropriate targeting of the trajectory at launch and by midcourse cor-
rection. In an asteroid flyby mission the trajectory uncertainties rela-
tive to the asteroid are much greater, and control of the closest approach
point can be exercised by terminal guidance maneuver's only after the
trajectory errors are determined with sufficient accuracy by onboard
measurement, one to several days before the encounter. Thus, the
addition of an onboard terminal navigation sensor to Pioneer is a require-

ment imposed by scientific mission objectives.

/S

IMPACT
PLANE

Figure 2-1. Relative Orientation of Flyby Trajectory
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A close approach to the asteroid is dictated primarily by the
scientific objective of accurate mass determination. For small
asteroids this requires closest approach distances of 100 km or less
as will be discussed in Section 2. 6. Miss uncertainties can be as
large as 500 km due to the asteroid's ephemeris uncertainty. Even
for the largest asteroid Ceres with a well established ephem;eris the
uncertainty is several hundred km. Obviously, a terminal guidance
maneuver that reduces the miss by several thousand km can also be
used to position the B-vector at an orientation that is favorable for
visual and infrared observations, practically without additional propel-

lant cost.

Concern with the relative latitude i)osition of the closest approach
point arises primarily with larger asteroids because of the different
phencomena observably by overflight of different latitudes. Figure 2-2
shows different flyby trajectories in terms of their surface tracks for
a given approach vector (Tfm). The trajectories cover different latitude
zones of the asteroid, providing a variety of observation options that can

be summarized as follows:

Case Observation Option

1 Low illumination on close approach.
Small thermal gradients.

2 Higher illumination and thermal gradients.
Good contrasts. Preferred observation
geometry.

3 Flyby nearly in ecliptic. Highest

illumination, poor contrasts, not suitable
for spin-scan imaging near subearth point.

4 Similar to 2, but poorer observation of

terminator region due to distance. Best
view of equatorial region,
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Figure 2-2. Flyby Trajectory Options for a Given
Approach Vector V_

Of the options shown, Case 2 is most favorable from a visual and
infrared observation standpoint. It also provides a good compromise
between relative geometry requirements of mass measurements by the
gravity gradient technique versus the earth based Doppler technique.

For best gravity gradie;xt measurements with an earth-oriented spinning
spacecraft, the overflight Option { would be preferred. For best Doppler
measurement Option 3 would be preferable which maximizes the gravity-
induced Doppler velocity change measureable at earth. Option { would
be least favorable for detection of small gravity perturbations and thus

would require a much closer approach to the asteroid than Option 4.

2,5 IMAGING

2.5.1 Desired Image System Observation Capabilities

A closest approach of the order of 100 km which is dictated by the
mass determination objective permits relaxation of image system reso-
lution requirements. At a range of 100 km an image system with 1 mrad

resolution would achieve about the same surface resolution as the
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0. 02 mrad camera of Mariner 9 in the observation of the Martian satellis
Phobos at 5550 km range. The resolution that is obtainable by 195 sens
cells on a 6-degree FOV camera is 0. 5 mrad. This number of cells is
compatible with the telemetry data rate of 32. 8 Kbps and a data storage
capacity of 230 Kbps which can be met with a reasonably small modifica-

tion of the Pioneer subsystems.

Figure 2-3 shows the surface resolution obtainable as a function of
distance in relation to typical surface features, their assumed dimensior
and desired resclution ranges. The parametric lines can be used to find
the subtended angle of asteroidal dimensions at a given range and to shov
at what range an asteroid will fill a specified field of view. For example
the smallest astercids considered for this mission class roughly fill a
6-degree FOV at 100 km range.

2.5.2 Imaging by a Line-Scan Image System

The proposed imaging system*consists of a linear array of a large
number of solid-state photo detectors which are swept in push-broom
faghion across the visual scene being observed. The line elements
describe concentric circles around the spin axis, the radii of these
circles being determined by the cone angle at which the optical axis of
the instrument is pointed. The sweep rate varies with the sine of the

cone angle.

For cone angles near 0 and 180 degrees, the imaging process
deteriorates. Viewing conditions where the visual scene is at or near a

point on the extended spacecraft spin axis must therefore be avoided.

The preference for a line scan image system in this application

is based on the following considerations:

¢ A point scan image system such as the imaging photo
polarimeter used on Pioneer F and G for taking pictures
of Jupiter is unsatisfactory for purposes of asteroid
imaging since the extremely short encounter and the
rapid change of viewing conditions precludes the use
of 2 mosaic technique.

e Conventional image forming (vidicon) TV systems are
not compatible with the 5 rpm Pioneer spin rate without
further state-of-technology advances.

3
i Reference 2-17
2-11
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] The solid-state line scan photodetector, developed
originally for near-earth applications, is compatible
with the spinning Pioneer spacecraft, offers high
geometric accuracy, long life, compact design and
has a low power requirement.

Design features of the line scan system will be discussed in
Sections 2. 5.4 and 2, 5. 5.

2.5.3 Performance Criteria for Line Scan Image System

The image slystem is limited in resolution in the direction normal
to the sensor array, i.e., the spin scan direction, by the required
minimum exposure time of each detector cell. The present state of
technology requires at least 0. 5 msec, which for a 5 rpm spin rate
translates into about 0. 3 milliradians of image smear. Resolution
along the sensor array is determined by the field of view (FOV) and
the number of cells without taking other characteristics of the optical

system into account.

Figure 2-4 presents performance criteria of the line scan image
system in terms of resolution along the sensor array versus the
direction normal to the sensor array. The nominal design point indi-
tated in the graph corresponds to a 6-degree FOV and 195 sensor cells.
It was selected on the basis of spacecraft system tradeoffs and permits
an exposure time of { msec, rather than0. 5msec, for equal resolution

of 0.5 mrad in the two scan directions.

2.5.4 Description of the Solid State Photodetector Array

The large scale array {LSA) shown in Figure 2-5 consists of
195 phototransistors, fabricated by triple-diffusion in silicon on a
single chip. The array consists of two rows of phototransistors con-

taining 97 and 98 elements, respectively. This configuration provides
sufficient spacing between adjacent elements along the array to prevent

crosstalk due to penetration of the incident radiation into the base
material. The size of the photosensitive area of each phototransistor
is 0.7 x 1073

the limiting spatial resolution of the array.

by 0.9 x 10—3 inches, and the pitch spacinpg determines

In addition to the 195 phototransistor element, the LSA chip con-

tains an equal number of individual amplifiers, a shift register and
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multiplexer. The multiplexer is used to commutate the outputs of the

195 preamplifiers onto five signal leads, each containing the serial out-
put of 39 preamplifiers. These five signal leads are hard-wired to a
second chip, containing five signal conditioning electronics (SCE) ampli-
fiers, which further amplify the five serial signals prior to digital
processing of the signals. Interfaces of this sensor with the data handling

subsystem will be discussed in Section 7.

The equivalent circuit of the LSA, illustrated in Figure 2-6,
consists of a phototransistor and preamplifier transistor. After bias is
applied to the base-collector capacitance of the phototransistor through
terminal Vcc, the base-collector capacitance is charged to a specified
value. Light incident on this junction generates hole-electron pairs
which discharge the initial bias applied to the junction, proportionally
to the amount of energy abserbed during the‘exposure. The voltage

change of the base-collector capacitance is amplified by the preamplifier.

EQUIVALENT CIRCLHT
LSA SENSOR SCE PREAMP
r——“:/__,—_mﬁl r“s,———\;c-c— 1 CURRENT
DETECTOR 'CC 19— CLAMP } +—o
1 OF 5 ouTPUT
i:APACITOR : 1 l SWITCH outruT °—l
HANNELS ,
| 390—3——0 | | { \ ! [
l - I I Pre—
PHOTO 1 | o—
tRANSISTOR| | i
| AMPLIFIRR || POWER
| TRANSISTOR 50 PF| | | SOTEH
BUSTE
| o | | (SET)
| READOUT| "3 b <
I SWITCH | | \l |
= 4 L
| = F : |
I [ S 1
QPERATING CYCLE
TIMING SEQUENCE OF LSA CHIP-DETECTOR
" BIAS LIGHT EXPOSURE 195 READOUT
PHOTOJUNCTION (CHARGE INTEGRATION) DETECTORS
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Ql
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SATURATE €
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Figure 2-6. LSA Phototransistor Circuit and Operating Cycle
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The 195 signals from the phototransistors are commutated in five
groups of 39, Readout is accomplished by closing of the readout
switches (S3), in sequence. This switching is actuélly accomplished by
individual transistors under control of a shift register. ‘The readout,
or sampling, of the output of each preamplifier is accomplished in 2 psec
thus 78 psec are required for serial sampling of each group of 39.

After this sampling, the photojunctions of the phototransistors are again

biased, and the cycle is repeated.

The SCE preamplifier consists of two stages of gain, with five
parallel groups being contained on a single chip to amplify the five multi-
plexed signals. The clamp switch, Sl, is used to reset the signal to a
reference level between each of the 39 serial samples from the LSA
sensor. The power gate switch is used only to apply power to the SCE

preamplifier to initiate operation.

2.5.5 Sensor System Characteristics

The optical design and system characteristics for three sensor
configurations were analyzed and are summa.rized in Table 2-2. These
configurations differ in size (lens diameter and focal length) and field-
of-view ﬁidth. The results of system analysis discussed in Section 4
required the selection of a 6 x 6 degree field of view to avoid loss of
image coverage due to inaccurate camera pointing. With a fixed number
of photodetector cells this has the effect of changing the resolution along
the sensor array from 0. 268 mrad to 0. 536 mrad which is considéred

acceptable for purposes of this mission.

2-17



Table 2-2. Characteristics of Three Representative Line-Scan
Image Systems
i 2 3
OPTICS
Focal length (in.} 2,25 7.2 3.6
f-number i.2 1.2 1.2
Aperture diameter (in.) 1. 875 6.0 3.0

Configuration

SOLID STATE DETECTOR

Number of elements
Detector size (mil)
Detector spacing {mil)
Configuration
Wavelengths {pm)
Exposure time (msec)

SENSOR SCANNING

Field of view {square frame) {deg)
Resolution along array (mrad)
Resolution along scan (mrad)

DATA RATE
Maximum acquisition rate (bps)

Bits per picture cell
Average data rate {bps)

SENSOR PERFORMANCE

Imaging:

Minimum S/N

At mrad per line pair
Naviga.tion*:

Minimum S/N
Against object of visual magnitude

Reflective with refractive correctors

195
0.7x%0.9 2,24x2.88 1.88 x 2.88
0.6 1.92 3.84

w————Staggered Array
0.4to 0, —m8m8m

1.0 1.0 1.0

Ix3 3 x3 6x6

0. 267 0. 267 0. 536

0. 525 0. 525 0. 525
2.28 x10° 2.28x10® 1 14x10®
per 0.1 sec  per 0.1 sec per 0.2 sec
6 6 6

19 x 103 19 x 103 19 x 103
4.5 14, 4 18.7

0. 535 0, 535 1,07

7 7 7

3. 65 5 4.5

Use of sensor as terminal navigation instrument would prov;de unsatisfactory
resolution {required 0, 1 to 0. 2 mrad) and marginal sensitivity.
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2.6 ASTEROQOID MASS DETERMINATION

2. 6.1 Doppler Measurements

To detect the small trajectory perturbation due to astercid gravity
requires Doppler tracking of highest accuracy. A recent paper by
Anderson (Reference 2-11) discusses the capabilities and limitations
of the Doppler gravity measurement technique. The highest Doppler
accuracy that is achievable at present under favorable tracking condition:
is about 0.5 mm/sec. Assuming this Doppler sensitivity threshold, the

closest approach distance B that is required for a gravity measurement

of +1 percent accuracy is shown in Figure 2-7 as function of asteroid
radius R with relative velocity V as parameter (from Reference 2-11).
The diagram shows a theoretical lower limit of closest approach dis-
tances (dashed line) corresponding to flyby trajectories that would
graze the asteroid's surface. Thus with relative velocities of 5 to 10
km/sec which are typical for asteroid encounters the spacecraft cannot
approach close enough for a 1 percent accurate gravity measurement

~unless the asteroid is larger than 30 to 60 km in radius.

7
6
5
4
E
o 3 om—
S 2
-J .
1 COLLISION REGION
0 o
- JUNO VESTA CERES
2 R
0 1 o 2 3
LOGR, km _
ASSUMED DENSITY 3.33 G/CMS
DOPPLER ACCURACY 0.5 MM/SEC

Figure 2-7. Closest Approach Distance Required for
+1 Percent Gravity Measurement by Doppler
Tracking Method {(from Anderson, Ref. 2-11)
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Actually a more realistic accuracy requirement for gravity
measurements would be of the order of 10 rather than 1 percent.
This permits an increase of the required closest approach distance B
by a factor of 100. Thus, for an asteroid of 30 km radius and a
relative velocity of 5 km/sec, the closest approach distance can be

increased to 300 km.

The accuracy requirement of mass determination which has such
a critical affect on the required closest approach distance and hence on
terminal navigation requirements should be considered in the light of the
desired end result, namely the mean density of the asteroid. The density
is obtained from the mass measurement and the estimated volume which
is inferred from visual observation. The volume estimate is based on
the asteroid's dimensions which are determined from the observation
distance and the subtended angles of the asteroid image. This volume
estimate therefore is subject to appreciable errors due to range and angle
uncertainty, However, the predominant error source, especially for
small asteroids, is the irregular shape, partly hidden in darkness and
viewed only under limited aspect angles. Thus the error in volume

estimates could easily exceed 20 percent.

Figure 2-8 shows the effect of the mass measurement error (UM)
on the mean density error (OD) if significant errors are contributed by

other sources, such as

Range estimate error Op = 3 percent
Angle determination error (best) Ua = 5 percent
Angle determination error GB = {0 'percent
(intermediate)

10 to 30 percent

Angle determination error 'U
(worst) v

The worst-case angle determination error involving the hidden
part of the asteroid can easily amount to 20 percent. The results lead
to the conclusion that mass determination to an accuracy better than
10 to 20 percent is not warranted, and hence the closest approach dis-

tances required for small asteroids can be greatly relaxed.
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2.6.2 Measurement by Gravity Gradiometer

Various instruments have been proposed to measure the gravity
gradient field of a planet or asteroid from a spacec raft, All of these
work on the principle of measuring the differential tensions, compres-
sions or torques induced in the sensor by the gravity gradient, that is,
the effect of tidal forces. Several gravity gradiometers have been
developed by the Hughes Research Laboratories and MIT. The applica-
tion of such instruments to asteroid missions is discussed in a .pape r by
R. L. Forward (Reference 2-12). References to the extensive literature

on gradiometry are also given in that paper.

Compared to the Doppler technique, the gravity gradiometer can
perform an accurate mass determination for astercids of smaller size
provided the approach distance is sufficiently small. The measurement
sensitivity is limited by the design characteristics and can be refined
if desired, while the Doppler technique is limited by the DSN Deoppler

tracking threshold sensitivity. One of the potential advantages of the -
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gradiometer is its ability, under optimal observation conditions, to
detect and resolve non~uniform mass distributions, as discussed in
Reference 2-12. However, the question of whether this is feasible

during a fast flyby, even for a large asteroid, still requires further

study.

The gradiometer described in Reference 2-12 consists of a pair
of spinning dumbbells in a c¢ruciform arrangement that sense the gravity
gradient (and hence, the local gravity) as a periodic perturbation at a
frequency equal to twice the spin rate. This induces small oscillation
of the two dumbbell arms with respect to each other at an amplitude
which depends on the mass~-spring characteristics of the system. The
sensor response is enhanced if the mass-spring system is tuned to

resonance at twice the spin rate.

Two design options were considered for the Pioneer spacecraft
application:
a) A stationary configuration of the two sensor arms,
designed to make use of the spacecraft's own spin

motion as the mechanism for providing the periodic
gravity gradient perturbations.

b) The more conventional arrangement (Reference 2-12)
where the gradiometer is a self-contained unit opera-
ting at a spin rate of several hundred rpm.

Because of the small spin rate of Pioneer, the stationary configura-
tion would be exposed to only a few torque oscillation cycles during the
short flyby interval. For a desired measurement sensitivity, the stationary
design would therefore require much larger dimensions that the spinning

configuration,

The spinning configuration is preferred for this mission because
of its compact size, light weight and convenience of installation and test.
Because of the short duration of its active use, bearing life will be no
problem. However, the use of a drive motor increases the power require-

ment compared to the stationary configuration.
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Sensitivities of the spinning gravity gradiometer configurations
that have been developed by Hughes under NASA and USAF contracts
range from i EU,* for a 6-inch diameter unit requiring 10 seconds of
integration time, to 0. 01 EU for a 3-foot diameter unit requiring

35 seconds of integration time.

At the 'surfa.c;a of the asteroid, the gravity gradient is typically
3000 EU (regardless of its radius). Since it varies inversely with the
third power of distance the range of gravity gradients expected for
approach distances of 5 to 10 times the asteroid radius is about 3 to 30 EU.
Thus, an instrument sensitivity of 0. 1 EU would be desirable but 1 EU is

acceptable to conserve instrument size and weight.

2. 6.3 Comparison of Doppler and Gravity Gradiometer
Measurements

The two techniques are compared in Figure 2-9 in terms of the
altitude required for mass determination at one percent accuracy. The
figure shows that applicability of the Doppler technique depends more
critically on asteroid size (radius R) since the required approach
distance varies with the sixth power of R, while for the gravity gradiometer
technique this distance only changes proportionally with R. This is
illustrated by the crossover of the altitude-versus-radius characteristics

of the two techniques.

If the measurement accuracy is relaxed to 10 percent (see previous
discussion in Section 2. 6. 1) the required approach distances increase by
a factor of 100 in the case of the Doppler technique, but only by 3. 16
(= J10) in the case of the gradiometer technique. As a result, the cross-
over point between the Doppler and gradiometer curves would be located
at 150 km altitude and at R = 30 km, as illustrated in Figure 2-10.
(Figures 2-10 and 2-11 and the discussion of the results shown therein
are from an unpublished report by R. L. Forward and are included here
with his permission.) The second scale on the ordinate in this diagram
gives the 'interaction time" 7 = B/V defined as the time interval during

which the spacecraft travels a distance equal to the oifset B in close

“:EU = Eotvos unit = 10'9 sec—2 is used as the standard unit of the
gravity gradient.
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vicinity of the asteroid, with range varying at most 12 percent. If the
interaction time is short then it is possible to use coherent integration
utilizing matched filters. For longer interaction times the measurement
technique uses sampled data (incoherent integration). A corresponding

change in integration techniques gpplies in the case of Doppler tracking.

Figure 2-11 compares Doppler and gradiometer measurements in
terms of required flyby distance versus mass measurement accuracy
with asteroid radius as parameter. As in Figures 2-9 and 2-10 it is
evident from the results shown in Figure 2-11 that mass determination
for small asteroids (R < 30 km) is best performed by gradiometry. The
crossover for R = 30 km is at 8 percent, and for R = 20 km at 23 per-

cent measurement accuracy.
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2.7 COMPATIBILITY OF SPIN-STABILIZED SPACECRAFT
CONFIGURATION WITH SCIENTIFIC OBJECTIVES

Specific questions regarding the ability of the spin-stabilized
Pioneer spacecraft to accomplish the scientific mission objectives and to
meet all requirements of effective payload operation have been addressed
in this study along with the ground questions of system performance and

implementation.

The results presented in Sections 4, 6, and 7 establish the com-
patibility of the spinner with these objectives. The engineering approaches
used to circumvent functional constraints inherent in target observation
from a spinning spacecraft are discussed in detail, and the relevant trade-
offs are analyzed in these sections. A brief summary of the main results

is presented here.

1) Imaging and other optical sensor observations are
performed by making effective use of the scan
motion of the spinning spacecraft.

2) If the target subtends an angle equal to or greater
than the field of view the scan motion is particularly
valuable since the sensor does not require a scan
articulation of its own.

3) A single-axis gimbal drive is used for cone angle
pointing of all optical sensors. The rapid motion
of the target line of sight is met by cone angle
changes between exposures.

4) In the case of the image system the exposure is 2
limited to a scan segment equivalent to a 6 x 6 deg.
square field of view because of data rate limitations.
The other optical sensors, having a lower data
acquisition rate, can take advantage of a more
extended scan segment.

5} Some image smear due to the 1 m/sec exposure time
required for the photodetector cells is unavoidable.
However, the resulting resolution limit of 0.5 mrad
is satisfactory in this application.

6) Non-optical sensors can take advantage of the spin
axis motion for multi-directional exposure without
requiring articulation.

The spin motion requirement of the gravity gradio-
meter could be met by a spinning spacecraft, but
a higher spin rate than that of Pioneer would be
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required due to the extremely short interaction
time with the asteroid. Hence the need for 1ndependent
spin action by the instrument.

7) Engineering subsystems are designed for the spinning
vehicle and provide all the necessary support functions
to the payload irrespective of the spin motion. Most
design aspects of spin stabilization actually simplifies
the interfaces between the payload and the engineering
subsystems (except for Item 8).

8) The antonomous payload pointing correction is the only
exception: the intermittent image system exposure
complicates the image tracking process to some extent,
but this can be handled by proper design of the data
processing circuits.

The dominant factor that complicates target cbservation during the
brief encounter is the rapid change of viewing conditions. This means
that accomplishment of scientific objectives is not made problematic
so much by the spin motion of the spacecraft as by the dynamics of range

and angle variation inherent in the mission.
2.8 A PHOTOSENSOR FOR METEOROID/ASTERQID DETECTION

To complement the payload instruments discussed earlier in this
section an additional photosensor is proposed that is designed to detect
meteoroids at longer range than the Sisyphus sensor of Pioneer F and G
(Reference 2-15). ' The effective cross-section area that would be inter-
cepted by passing particles increases withthe square of the detection
range. Thus, if the detection range can be increased by a factor of 10
from that of Sisyphus, the area, and hence the expected count of particles

of a given mass would increase hundredfold.

The sensor, shown schematically in Figure 2-12, is described and

- evaluated in Appendix A. Derived from any earlier detection concept.
proposed by TRW Systems; the configuration proposed for this épplication
has a reticle consisting of several alternately transparent and opaque con-
centric rings. A photomultiplier is used as a sensor. The instrument’s
optical axis is a.lig‘ne‘d with the spin axis. The field of view is assumed

as 30 degrees, and the threshold sensitivity for particle detection is

6th magnitude.
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Figure 2-12. Meteoroid Photosensor System

If an illuminated particle of sufficient brightness crosses the field
of view the photomultiplier will generate a pulse train with a frequency
and waveform characteristic that depends on the particle's line-of-sight

rate and its relative flight path geometry.

The pulse train can be interpreted to provide data on the relative
encounter geometry except the range. However, the range can be
estimated within upper and lower limits by assuming relative velocify
brackets and determining the angular rate of the particle by processing’
the pulse train. If the range is estimated from these data the size of the
asteroid can be deduced from the intensity of the signals detected. The
following features of the instrument are relevant to this application:

e  Stars that are in the field of view appear to move in

concentric circles relative to the reticle pattern.
Thus, ideally, their incident light is not modulated.

. Moving objects are detected as modulated light

sources, since they cross the reticle rings. The
pulse train contains the signature of the particle
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indicating the relative orientation of its flight path,
range rate, etc., in addition to the inferred range
information.

. The stars seen by the photodetector will produce a .
nearly constant sky background current. The signal
processing circuits are designed to discriminate
against unmodulated light sources and to respond only
to moving objects that cause pulses in a selected
frequency range (i. e., objects within upper and lower
range brackets).

e If, due to misalignment of the optical axis, some
stars enter and exit the opaque rings of the reticle,
and thus produce square waves at the spin rate of the
spacecraft, this effect can be detected and nulled by
minor angle adjustments in two orthogonal directions
using a process analogous to an automatic conical
scan axial alignment.

L Since during the cruise phase a large unused down-
link data rate capacity is available, the waveforms
generated by passing particles can be telemetered
to earth for data processing and evaluation.

Compared to Sisyphus upward of 10-6 grams which is designed to
detect smaller particles and has a sensitivity threshold of magnitude 2. 75,
this instrument can operate at higher sensitivity (m = 6) because of its
effective star background discrimination feature. This is discussed in

the analysis presented in Appendix A.

The following examples of asteroid detection capabilities illustrate
the value of this sensor as a secondary payload instrument for this mis-
sion. The sensor can detect a 100 m diameter asteroid as a 6th magnitude

object at 30 x 103 km range. The effective cross-section for detecting

asteroids of this size is therefore 2.3 x 108 kmz. The spatial density of

bodies of this size or larger is assumed to be in the range of 10-16 to

10-18

sec this yields estimated event rates of 0. 07 to 7 events per year.  For a

per km3 {see Reference 2-16). With a relative velocity of 10 km/

10-m diameter asteroid this would increase 0. 35 to 35 per year.
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3. PERFORMANCE CHARACTERISTICS -

3.1 LAUNCH VEI—IICLE PERFORMANCE

The injection ca.pa.b:.hty of Atlas/Centaur/TE-364-4, the booster
being used for the Pioneer F and G Jupiter flyby missions, is adequate
for most of the multi-asteroid flyby missions under consiﬁeration. The
injected weight of the modified spacecraft including about 340 pounds of
hydrazine propellant is in the 1000—pound-c1#ss. Since the asteroid mis-
sions have aphelion distances 'genera.lly well below 4 AU and only moder-
ate orbit inclination relative to the ecliptic, the required injection energy

C., does not exceed 60 kmzlsec2 in most cases.

3
Figure 3-1 shows the injection performance of the Atlas SLV-3D/
Centaur D-{A/TE-364-4 in the velocity range of interest (solid line).
The dashed line projects the performance improvement obtainable if the
TE-364-11 is substituted for the present TE-364-4 upper stage, based on
data supplied by Thiokol. This upgraded stage which is equal in size to
TE-364-4 gives about three percent greater impulse due to a slightly
higher 151'3 value and higher propellant density, and thus increases the
injected payload weight by about 40 pounds in the velocity range shown.
This stage has been developed and test-fired by Thiokol under the Delta

program but has not yet been authorized for flight qualification tests.

The projected performance improvement is not essential to MAF
mission achievement but would provide a useful additional margin.
Actually the amount of onboard propellant that can be carried by a
moderately revised Pioneer spacecraft configuration is an equally im-
portant constraint on mission selection as launch vehicle performance.

This point will be further discussed below under weight tradeoffs.

By restricting the booster size to the A_tla.stentaur family rather
than considering a larger booster of the Titan/Centaur family we reduce
the cost of the mission without an appreciable sacrifice in mission
options in keeping with the study guidelines. In addition, we avoid pos-
sible procurement and scheduling problems that may result from priority

allocation of Titan boosters to other missions in the late 1970's,



1100 T T \\1 T T T !
\  PROJECTFD PERFORMANCE
[ \ OF SLV 3D/CENTAUR/ -
\ TE 344~11
(THIOKOL DATA)
1000 : ~
3 SLV 3D/CENTAUR
— 9001 TE 364-4 —~
€
0
wr b, el
=
[a]
o
] 800 - .
i
ya
7001~ EAST LAUNCH, ETR T
100 N M! PARKING ORBIT
| _
\
\
400 ] I I 1 ] M
6 7 8 9 10
v, (KM/SEC)
1 1 1 ] 1 J ]
40 50 60 70 80 20 100

C, (KME/SEC?)

Figure 3-1. Launch Vehicle Performance

3.2 VELOCITY REQUIREMENTS OF CANDIDATE MISSIONS

In studies performed by Brooks et al {Reference 3-1 and 3-2) a
large number of multi-asteroid mission candidates were identified that
only require modest retargeting maneuvers such that the spacecraft
deviates but slightly from a suitably selected Kepler orbit through the
asteroid belt. Table 3-1 excerpted from Reference 3-2 lists mission-
candidates with launch dates from mid-1978 to late 1980, all involving
a flyby of Ceres. Table 3-2 lists encounter sequences on randomly
chosen launch dates in mid-1977, also from Reference 3-2. The en-
counter sequences are given in terms of asteroid numbers (Ceres is

No. 1). For each case the Ju;_lig.n launch date is stated and two alternate
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Table 3-1. Multiplé Encounter Sequences on a Flyby of Ceres

MINIMUM &Y MINDAM LAST ASTERDID IN SEQUENCE
ENCOUNTER | JULTAN DATE v TUTAN DATE " v ' ;
AR | OF LAUNCH | SPACECRAFT &v = OF LAUNCH | SPACECRAFT &Y ' rel 0 DIAMETER
(244XXXX) (KM/SEC) (EM/SEC) | (2eaxxxx) (KM/SED) (KM/SEC) | (KM/SEC) (KM)
A. LAUNCH N MID- 1878
1719-1031-1"" 3645 0.568 8.00 3530 1.000 7.49
549-1031+1 3650 0.852 8.23 3640 0,959 7.5¢
966-1014-1 3625 ©.564 7.40 3630 ©.588 7.35
270-420-1 2833 0.7z 7.74 3640 o.a19 7.41
’ 8.2 4.0 770
1430-420-1 3660 0.548 .09 3640 0.813 7.08 .
1184-420-1 3655 0,574 7.78 3640 © 080 7.32
940-B28-1 3850 0.972 7.98 3645 1.021 7.65
1719-828-) 3645 a.525 8.02 3630 0.805 7.5 : 3
8. LAUNCH IN MID-i977 .
422-1-993 4050 0.938 y 4035 1.033 5.97 5.4 13.3 . A
422-1-1153 4050 0,838 6.35 4035 0.774 5.88 6.7 13.3 ]
1473-1-1153 4060 0.116 7.01 404D 0.2 5.14 6.7 13.3 a
1473-1-443 4025 0,366 6.60 4040 0.676 6.23 10.1 ns | .9
€. LAUNCH 1M LATE 1780 ]
67-1-367 4545 0.7328 C 7,51 4565 0.841 5.63 10.1 12.0 15
87-1-641 4570 0.5146 4.58 4565 0.650 6.54 8.2 13.7 7
67-1-544 4585 0,357 7.5 4565 0.367 6.60 12.3 1.2 13
67-1-1216 4550 0.2154 7.16 4565 0,302 6,84 15.3 13.3 8
88-1-1257 4545 0.7198 7.19 4565 0.720 " zw | 0.0 12.8 LA
68-1-1293 4560 0.655 7.40 4565 0,862 7.13 T4 15.1 . 4
350141224 4565 0.197 6.7 4560 0.342 693 5.5 12.8 10
136-1-544 A575 0.444 7.03 4545 0.493 688
126-1-1214 4575 0.440 7.04 4565 0.527 68 | }
136-1-3¢7 4580 0.275 7.42 4585 0.440 s68 | .
352-1-1257 4540 0.563 6.95 4560 0.503 695 .
352-1-1293 4560 0,448 .95 4540t 0.448 4.95 | (VALUES SAME AS ABOVE FOR
1-1-367 2580 0.5 | 727 4565 0.480 " 683 oG N SEGUENER)
391-1-544 4580 0.283 7.28 . 4570 0,348 484 C .
?I-1-1216 4580 0.613 7.28 4565 0.747 6.8 -,
815-1-367 4570 0.751 6.70 4580 0.783 8.52
615-1-544 " 4545 0.564 6.52 4560 0,57% 6,49 '
8l5-1-1216 4570 6,353 5,49 4580 0.389 6.51 ‘
708-1-1224 4555 0.622 .54 4560 0.648 6.54
708-1-1257 4540 0.730 7. 4555 0,908 5.56
708-1-1293 4545 0.747 4,90 2580 0.917 8.55
953-1-367 4585 0.292 7.80 4565 0.486 6.49 |
953-1-641 4565 0,955 8.81 2565 0.955 5.41
053-1-544 4575 0.282 .95 4565 0.342 6.86
953-1-1216 4580 0.274 . 7.2 a565 0.457 6.68
1060 - 1-1224 4545 373 7.13 4560 0.412 7.4
1060-1-1257 4560 0.348 7.07 4550 . 0,348 7.07
1060-1-1293 450 0.281 707 4560 0.281 7.07
12B1-1-544 | 4585 0,700 7.63 4555 0.880 6.8
1281-1-1216 4585 0.45¢ 7.65 4565 0.721 .63 -
1340-1-1224 4545 0.684 | e 4555 0.840 4.55 R
1340-1-544 560 0.727 4,60 4555 0.792 4.52
1340-1-1216 4565 - | o.en 4,54 . 4555 0.738 4.52 ‘ ,
1430-1-1224 4570 0.266 7.22. 4565 0.333 7.1% :
1430-1-1257 4565 0,723 0.71% 4565 0.723 7.9
1430-1-1293 4565 0.546 7% 4565 0.548 7.19
1527-1-544 4560 0.676 6.55 . 4560 0.676 6.55
1527-1-1218 4545 0.614 6.67 4560 0.622 .56 .

“FROM BROOKS, REFEREMCE 3-2.
o
EMCOUNTER SEQUENCES IDEMTIFIED BY ASTEROID CATALOG NUMBER (REFEREMCE 3-3).

ORIGINAL PAGE I8.
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Table 3-2. Multiple Encounter Sequences on Randomly Chosen
Launch Dates in Mid-1977"

- MINIMUM 2 MINIMUM ¥, LAST ASTEROID IN SEQUENCE
ENCOUNTER | JULTAN DATE v JULIAN DATE - T v v
SEQUENCE OF LAUNCH | SPACECRAFT &Y ~ CF LAUNCH | SPACECRAFTA! | ‘i rol v | Dlametix
e (244%XXX) (KPA/SEC) {X2a/SEC) (2443 KX X) aASEC) | MAECL (KM /SECY AKAAL
736-621+222 2290 - 0.372 6.82 a205 T 0.400 6.77 6.7 .o 2
FI4-421-1497 3290 0.544 5.98 s 0.547 5.94 6.3 12.9 1)
76021488 | 3290 0.580 6.93 395 0.726 6.8 b.4 0.9 62
1156-621-223 azes 0.643 6.9% 3300 0,79 6,85 6.7 1.0 n
5406211553 3260 0.547 - 7.3B 3300 0.640 &.81 7.9 12.7 1
1456-1i4-1100 3310 0.571 6.9 2300 0,404 6.0 5.5 12.2 "
540-421-488 3275 0.673 1.7 3100 0,854 5.80
1i54-114-220 305 0.450 5.4 2300 0,456 8.52
1156-116-1497 0 0,505 7.01 300 0.565 4.73
1156-116-488 o 0.552 6.95 3300 0.623 8,66
1156-116-1553 e 0.512 8.7 3300 0,334 4,68
540-116-1100 Mo 0.978 4.89 3295 1.0 6.55
560-1)6-223 3305 0.777 4,57 3395 0.841 8,42
540-116-1553 3310 0.587 494 3300 0.413 4,59

“FROM BRODKS, REFERENCE 32,

options are compared: 'trajectories that minimize (1) the total AV re-
quirement for retargeting between encounters, or (2} the departure
hyperbolic excess velocity VC'D. The criterion used for inclusion of
mission opportunities as candidates in these listings is that each en-
counter sequence must require no more than 1 km/sec of total retargeting
AV requirement {i. e., not counting the AV required for initial midcourse
corrections and terminal guidance maneuvers).” Further discussion of 7
the conditions underlying the selection of these mission candidates, and
the computer approach used in obtaining the results, may be found in

Reference 3-2.

As seen in these tables the launch dates between the minimum AV
and minimum Voo mission options are separated by 10 to 20 days on the
average. A typical profile of AV and Voo variation during the launch
window is shown in Figure 3-2. These characteristics suggest that a
tradeoff between AV and V00 can be made to meet spacecraft capa-

bilities and constraints, as will be discussed below.

In the mission opportunities (Group A} listed at the beginning of
Table 3-1 the large asteroid Ceres is encountered last, i. e., on the
return of the spacecraft from aphelion. In this position early acquisition
of a target by the spacecraft for the purposes of acquiring terminal

navigation fixes is inhibited by unfavorable lighting conditions, or phase

>':Appendix B discusses asteroid accessibility and AV requirements in
statistical terms
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angles (see Section 4. 3). Hence, it is desirable to select a bright
asteroid as the third target in the mission. In the other mission oppor-
tunities listed (Groups B and C in Table 3-1, and all of Table 3-2) the
asteroid encountered last is much fainter. Depending on how far beyond
aphelion the third encounter would take place, conditions for terminal
navigation and guidance can be quite unfavorable particularly if the
relative velocity is large, as will be discussed in Sections 4 and 5. As
a consequence, some mission opportunities that would be acceptable from
the standpoint of velocity requirements must be rejected in the final
selection of mission candidates because of feasibility problems of
terminal navigation. To identify such conditions the magnitudes, esti-
mated diameters and relative velocities of the last asteroids to be en-

countered in each mission sequence are also listed in Tables 3-1 and 3-2.
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Figure 3-2. Mission Energy Requirements for Three-Asteroid
Encounter Missions (Group B in Table 3-1).
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3.3 WEIGHT CONSTRAINTS AND TRADEOFFS

The net {science) payload weight capacity of the spacecraft and the

required propellant weight depend on

. Total maneuver requirements of the mission
. Gross weight and dry weight of the spacecraft

. Propulsion system parameters.

Results of a parametric performance analysis are presented in this
section to show the interdependence of payload capability and other

characteristics and to allow tradeoffs.

Figure 3-3 shows curves of constant net payload weight (dashed)
and propellant weight (solid lines) in a diagram of injected gross weight,

WT’ versus total maneuver capability AV. A conservative average

1100 ( 7.25
1050}
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)
— !Oﬂ(_.':" Q:
g ¥ 7,75
= 8
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S 950F
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Y b}
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o pra]
o 7 8.0
g soof 5
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[=]
'_ ATLAS, CENTAUR/TE-364-4
£50 - B.25 *
SPACECRAFT DRY WEIGHT
570 POUNDS
MIDCGLIRSE AND TERMINAL
MANEUVERS 250 M/SEC

790 . 1000
TOTAL MANEUVER CAPACITY (M/SEC)

Figure 3-3. Spacecraft Weight Characteristics Vs Mission Energy

=FDry weight excluding propellant.
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.hspecific impulse value, Isp = 215 seconds, for the monopropellant
hydrazine propulsion system was used in this analysis and the spacecraft
dry weight WO (excluding science payload) was assumed as 570 pounds

based on results of Section 6. The weight breakdown is as follows

WT = Wo + WPL + WPR
Total Dry weight Net Propellant
Injected = (minus + Payload + Weight
Weight payload) Weight

The small variation of Wo with WPR’ reflecting tankage and feed system,

was ignored for simplicity.
The curves in Figure 3-3 express the fact that propellant weight
increases linearly with net payload for a given dry weight Wo’ viz.

Wpp = (r- 1) (W_+W

PR PL)

Wpr!)

The following expressions derived from Egquation 3-1 are useful

where r = exp (AV/g ISP) is the mass ratio WT/[WT -

in making weight tradeoffs:

_ 1 ‘
WpL " 71 Wer W, 3-2
W o= iw_ .w 3.3
PL T T o
w_ -rt-l w ' 3-4
PR T
The exchange ratios AWPL/AWPR, AWPL/AWT are AWPR/AWT that

govern weight allocations if no limits are imposed on propellant weight
capacity or gross weight can be directly taken from Equations 3-2 to

3-4. Figure 3-4 shows these parameters as functions of the mass

ratio r. A second abscissa scale indicates the corresponding maneuver
ca.pé.bility AV. The mass ratio r for typical maneuver requirements
varies from 1.5 to 1. 6. These data show that an increase in total space-
craft weight can be used partially to increase the payload weight. Some
portion of the increase must be allocated to an increase in propellant it

the maneuver capacity is to remain unchanged. On the average, only
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2/3 of the weight increment is available for payload use. For example,
if the spacecraft weight is increased by 30 pounds, 10 pounds of this
must be allocated as additional propellant and 20 pounds can be used as
net payload increment. However, this applies only if there is enough

space available for the extra propellant.

2.5
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d= 0.6
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(VELOCITY INCREMENT, AV (M/SEC)

Figure 3-4. Exchange Ratios Between Payload, Propellant
and Gross Weight
Weight and space limitations affect the tradeoff strongly. If an
upper limit of total spacecraft weight is imposed the payload and pro-
pellant weight capabilities are traded on a 1:1 basis, such that a net
payload increase of 25 pounds reduces maneuvering capability by 75 to

100 m/sec. On the other hand, if the propellant capacity is the limiting

factor a 25-pound payload increase would reduce the maneuver capability
by only 25 to 40 m/sec.
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To surﬁmariﬁe, we note that a limit on total spacecraft weight
affects the payload versus maneuverability tradeoff more severely than a
limit on propellant capacity; however, the former is launch vehicle
:depe'ndent and can be more readily avoided than the latter which is im-
posed by the spacecraft configuration, at least in the asteroid missions

being studied.

The curves in Figure 3-3 were obtained by relating weight
characteristics to maneuvering capability AV regardless of the launch
vehicle used. For a given launch vehicle, in this case the Atlas/Centaur/
TE-364-4, the total spacecraft weight can be related to the departure
asymptotic velocity vV, as shown by the second scale along the ordinate.
This makes the diagram useful for evaluating payload capabilities in
terms of mission requirements '\('00 and AV as will be discussed in the

next section.

It should also be noted that the curves of this diagram remain valid
if a change is made in the assumed empty weight WO: any increment AWO
from the reference value (570 pounds) would simply have to be sub-
tracted from the indicated payload weight figures. The propellant weights
shown in the diagram remain unchanged.

3.4 TYPICAL MISSION VELOCITY REQUIREMENTS VERSUS
SPACECRAFT CAPABILITIES

Using the results from the preceding section we can now evaluate

typical mission velocity requirements in terms of weight characteristics

and constraints of the modified Pioneer spacecrafit.

Figure 3-5 shows velocity requirements of a large set of triple-
flyby trajectories in terms of AV—VOO-—pairs. These pairs correspond to
launch conditions that minimize either the required retargeting velocity
{AV) or the departure velocity (VOD) of each mission candidate in accord-
ance with the data listed in Table 3-1. Most of the examples shown are
for trajectories launched in late 1980. The 1978 mission to asteroids
1184, 420, and 1 which was selected for more detailed investigation is
also depicted in the graph. Based on the payload and propellant curves
of Figure 3-3 the operating region delineated by a shaded outline is con-
strained by the 330-pound propellant capacity of the modified Pioneer,
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and the desired minimum science payload weight of 75 pounds. While a
large portion of the total number of missions shown are eliminated by
these constraints it is evident that a sufficient number of options still

remain that can be performed by the Atlas/Centaur launched spacecraft.

The slanted line

segments that connect

o—a LAUNCH LATE 1980 P MID 1978

associated AV-VOD-
pairs require inter- i
pretation. Each line
segment actually
characterizes tangents
such that the points of
tangency (the end points
of the line segment)

represent the minima

Vo (KM/SEC)

of AV or Voo as shown
in Figure 3-6A. This

parabola approximates

the variation of AV and
Voo with launch date
(Figure 3-6B). The
method by which this

0.2 0.4 0.6 0.8 1.0
RETARGETING MANEUVER AV (KM/SEC)

parabola can be con-

structed from the Figure 3-5. Typical Mission Velocity Requirements

given slant line is illustrated in the diagram.
A, ‘
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AXI!‘/
/ SPECIMEN OF

A, AV, V. PAIRS
OF FIGURE B

& (KM/SEC)

|
ii' |
5
V_ (KM/SEC)

VARIATION OF AV AND Vm DURING
LAUNCH WiNDOW
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Requirements with : 20 o o i 100.4
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Making use of this interpi'etation of mission velocity requirements
and their dependence on launch date, detailed velocity . and weight
characteristics for three representative mission specimens, all with
asteroid Ceres as the third target, were derived as shown in Figure .3-7.
The encounter sequences are 1184-420-1, 960-1014-1, and 1719-828-1
(see Table 3-1, Group A). The three missions have similar launch
dates and energy requirements. Launch dates are shown parametrically
along the curves. Lines of fixed propellant and science payload weights
delineate possible operating regions. For 340 pounds of propellant and
75 pounds of payload capacity only small segments of the three mission
opportunities can be accommodated. Thus, a composite launch window
of up to 30 days (with interruptions) is available made up of five to ten
day intervals during which one of the missions can be launched. This
condition is typical for many of the multi-asteroid mission groupings.
The high sensitivity of velocity requirements to launch date variation is

offset by the many mission alternative available.

oo 7.25
! 1 |} I I 1
W =570L8 ‘
o .
| av_ = 250 M/SEC 35 42,5
: bl 45 ..-"'----’-‘-'0--
1050} AT TN T 960-1014-1
7.5k i N
' OPERATING ~ e
REGION .
|
< 1000}
£ C
O & o
i Pﬂ\-
E P AL S ot e
r *® Sc\'a"c\f{ //
o B > [ AR ’
g ‘f |~ //"
o = 1
wn g 7
&)
i g so- 137 ;-
7] >
@ %00k o, LT
z 5 P G
- = | — | . \,  _TRACK OF K
3 } N : ‘&)
2 \ VELOCITY
ui L~ \ : v REQUIKEMENTS,
as0f \ N_ SAMPLE MISSION
8.251 \ N
\ ‘-\ 1184-420-1
1719-828-1 \ SN
\ LAUNCH DATE <
| _ ?f" (DAYS FROM 1 MAY 78) \053
800%- 5 I 1 ! 1 I i
800 $00 1000

TOTAL MANEUVER CAPACITY (M/SEC)
Figure 3-7. Effect of Launch Date Variation for 1978 Sample Mission
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3.5 COMPOSITE LAUNCH WINDOW FOR 1978 SAMPLE MISSION

As explained in Figure 3-7 the launch window duration for each of
the three missions considered is strongly influenced by the desired pay-
load weight and the available propellant. The resulting ''net' composite
launch window duration (not counting the days of interruption) is shown in
Figure 3-8. In order to obtain a total of 20 days at a desired payload
weight of 75 pounds about 350 pounds of propellant is required. Since the
Pioneer configuration limits the propellant to 330-340 pounds a shorter
net launch window than 20 days must be accepted. In general, propellant
must be off-loaded as time progresses to maintain the minimum desired
payload capacity. Operationally this presents no difficulty on the launch
stand. However, the extended total occupancy of the launch pad (more
than 40 days} could become a matter of some concern if other missions
are also scheduled for launch within this time period. Fortunately, the
asteroid mission is sufficiently flexible to permit further changes of

targets and launch dates if necessary.
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3.6 LAUNCH PHASE CHARACTERISTICS

Analysis of the launch phase geometry is required to determine
weight penalties that may accrue under unfavorable launch modes and
launch azimuths for a typicai range of asteroid mission departure con-
ditions. Only a preliminary analysis was performed in the framework of

this study.

3. 6.1 Declination of Launch Asymptote

Some of the candidate missions bave trajectory inclinations of
several degrees relative to the ecliptic since they intercept asteroids in
inclined orbits at positions other than the respective ascending or de-
scending nodes. The 1978 sample mission to Ceres via the asteroids
1184 and 420 may be considered typical. It has an orbit inclination of
nearly 3 degrees which requires that the ‘TOD vector be inclined approxi-
mately 15 degrees in a northerly direction. For the launch date of this
mission, i.e., mid-June 1977 (see Figure 3-7) the declination of the
departure asymptote exceeds 10°N. This precludes launching the mis-
sion by direct ascent within reasonable launch azimuth limits as will be

discussed below.

Figure 3-9A and B illustrate the effect of launch date on the
declination angle for trajectories launched at voo inclinations between
15°N and 15°S. The launch window of the 1978 sample mission, mid-May
to mid-June, is indicated in the left figure. The two diagrams show that
northern declinations, unfavorable for direct ascent, can only be avoided
if the launch date falls near the vernmal equinox. However, even during
this launch season some of the missions are subject to appreciable

azimuth penalties if the direct ascent mode is used.

The shaded, lens-shaped areas in Figure 3-9A and B, having large
southern declinations in spring {left graph) or large northern declinations
in fall (right graph) delineate conditions where some weight penalties must
be taken into consideration even for ascent via parking orbit. This must

be analyzed individually for each mission.
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We conclude from this general survey that only a small pe'rcenté.ge
of mission candidates will be appreciably penalized due to launch phase

restriction.

3. 6.2 Direct Ascent Mode

Figure 3-10 illustrates the influence of launch seasons on azimuth
for 15°N, zero, and 15°S inclinations of Voo in the case of direct ascent
from Cape Kennedy. As was noted in connection with Figure 3-9, the
launch dates near vernal equinox (VE) are favorable for direct ascent
under small inclinations of Vm' With a Vm-inclination of 15°N dire;t
ascent is unfavorable at almost any time of the year. Even near VE the
azimuth deviation to the north is about 20 degrees and exceeds the maxi-
mum northern azimuth limit (45 degrees) of ETR launches for departure
dates that differ by more than 2. 5 months from VE. Note that the 1978
sample mission would require a launch azimuth in this region. For
southerly \Too inclinations the variation of azimuth is not as severe but
still ranges from 118 degrees at vernal equinox to 55 degrees at
autumnal equinox (AE) in the case of Voo- inclination of 15°S. The weight
penalty is about 30 pounds if the launch azimuth deviates by 30 degrees,
and 60 pounds if it deviates by 45 degrees from due east. These figures
correspond to incremental velocities of 60 and 120 m/sec, respectively,
at the representative Vm-value of 7.5 km/sec. We conclude that about
one-half of the mission candidates, bracketed by +15 degrees of Voo
inclination, would be subject to an azimuth penalty in excess of 15 pounds .
if Jaunched by direct ascent. In some of these cases, launch via parking

orbit would be preferable.

3. 6.3 Orbital Launch Mode

A corresponding analysis was performed for the case of orbital
ascent. The results shown in Figure 3-11 illustrate the influence of
launch dates on azimuth for \Tm-inclinations of 10, 15 and 20 degrees, - -

North and South. The closed contour curves shown at VE are for the

.#: southern inclinations, those at AE for the northern inclination of \Tm.

% . . .
Note: The results were obtained by graphical analysis with an accuracy
of a few degrees, sufficient for purposes of this discussion.
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Thus, the 1978 sample mission, for example, being launched in
June incurs no azimuth penalty. Missions launched near VE with
iﬁclinations exceeding 12°S and those launched near AE with inclinations
exceeding 12°N cannot make use of southern azimuth launch options be-
cause of the 110-degree azimuth limitation of Cape Kennedy. In all other
cases two options are available. The boundaries shown define the mini-
mum deviation from due east launch that must be used to reach the desired
outgoing asymptote declination, i.e., the points inside of each boundary

curve are excluded.

Evaluation of launch options available within the range of acceptable
azimuths shows that more than 90 percent of missions within the +15
degree inclination bracket can be launched by the orbital ascent mode, and
about 60 percent with launch penalties of less than 15 pounds. Comparison
" of Figures 3-10 and 3-11 also reveals that a minimum of 15 pounds
azimuth penalty (20-degree azimuth deviation from due east) accrues to
some of the missions regardless of which of the two ascent modes is being

used.

In comparing the direct and orbital ascent modes we must take
into consideration a weight penalty inherently imposed by orbital ascent
since the Centaur stage requires additional attitude control while coasting
in the parking orbit. According to data received from General Dynamics,
Convair Aeros 4ace Division,* the current best estimate of two-burn ascent
penalties are #6 pounds for coast periods of less than 25 minutes, and
£ pounds for coast periods up to one hour. (This reflects weight penalties -
on Centaur vehicle of ‘téﬂi{and %?pounds, respectively.)

Actually the question as to preferred launch mode requires further
study since, in addition to weight penalties and azimuth limitations, the
characteristics of the daily launch window must be taken into account.

They are generally less restrictive in the case of the orbital launch rode.

“Communication with R. Drowns, October 27, 1972.
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3.7 SUMMARY OF SPACECRAFT MANEUVERS

In addition to the retargeting maneuver requirements listed in
Tables 3-1 and 3-2, a number of other, generally much smaller
maneuvers, ie., midcqurse corrections, trim maneuvers, and terminal
guidance corrections, must be provided for in determining the total on-
board propellant requirements. Table 3-3 gives the best estimates of AV
requirements in each category.

Table 3-3. Spacecraft Maneuver

The estimated AV value
Summary (m/sec)

for the initial midcourse

MAIN RETARGETING MANEUVERS (2) 600 .
correction (100 m/sec) is
MIDCOURSE CORRECTION AND TRIM

MANEUVERS (AT LEAST ONE) 100 less than the very conserva-
TERMINAL GUIDANCE CORRECTIONS ) 50 tive 200 m/sec allowed for
(ITERATED MANEUVERS AT EACH EMNCOQUNTE 150 . .
SUBTOTAL 250 the Pioneer F and G Jupiter
llllllllllllllIIIIIIIIlllil'lllllllilllIIIIIIII|IIIIIIIIIIlllIlIlIIIIIIIIllllllll missions but Can be justified
ED THRUST, .
IA?fASESA?\;UégED,CﬁMBIN U as follows. In the asteroid
X o 38 . . . . .
AVERAGE: 25% OF 150 W/SEC mission an aim point bias
LOSSES BUE TO PULSED THRUSTING .
COSINE Lo&s}es AND I LOSSES 5 for planetary quarantine
20% OF 73 SEC . .
— imposed on Jupiter flyb
TOTAL 903 (imp P yby)

is not required. Control of
the exact arrival time at the target cannot be exercised because of the
large ephemeris uncertainty of all but the largest asteroids. Without
these requirements the Jupiter flyby mission would need less than

100 m/sec to cover probable guidance errors on a 30 basis.

A second factor permitting reduction of the midcourse AV allow-
ance is the smaller velocity increment that is delivered by the third
stage {TE-364-4) in the case of an asteroid mission compared to a
Jupiter mission, i.e., about 2900 m/sec versus 3900 m/sec, or a
difference of 25 percent. The third-stage velocity increment is the

largest single contributor to the total launch velocity error.

Finally with the flight time to the first asteroid being about two to
three times shorter than to Jupiter the miss distance sensitivity is
proportionally smaller. Thus, even without a quantitative analysis of
injection errors and midcourse correction requirements we conclude

that an allowance of 100 m/sec for this purpose is highly conservative.
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Trim maneuvers are practically unnecessary for the initial mid-
course correction as well as for the two major retargeting maneuvers of
200 to 400 m/sec each required during the mission since targeting
accuracies better than the respective ephemeris errors would be
wasteful and since terminal maneuvers are necessary in any case. Actual
trim AV requiréments can be met by the margin included in the conserva-

tive 100 m/sec midcourse correction allowance.

The terminal maneuver allocation of 150 m/sec is based on results
of the navigation and guidance analysis presented in Section 5, with
50 m/sec typically required for terminal corrections at each of the three

encounters.

An interesting AV-tradeoff exists between retargeting and terminal
guidance maneuvers. If the retargeting capability is increased above the
minimum of about 400 m/sec, it is evident from the mission requirements
listed in Tables 3-1 and 3-2 that the number of possible targat options
increases rapidly, As a result, a greater choice of missions with favor-
able target sizes and encounter conditions becomes available and terminal
navigation becomes simpler, with terminal AV requirements being reduced
accordingly. This offers the additional benefits of greater mission fléxi—

bility and higher probability of successful encounters.

At the bottom of Table 3-3 some AV losses due to the use of pulsed
radial thrusters are accounted for. A primary mission constraint is to
avoid spacecraft reorientation and hence, loss of the communication link
when the spacecraft is at large distances from earth. Only two re-
orientations (for retargeting maneuvers) are permissible. The introduc-
tion of radial thrusters not carried by Pioneer F and G permits maneuvers
in all directions while the spin axis remains earth oriented. The losses
include the following: extra AV required for thrusting in arbitrary
direction through vector addition of axial and radial thrust components;
cosine loss due to pulsed thrusting over a finite thrust arc; and IS losses
due to pulsed operation. Details of the combined axial/radial thrust
operation and the resulting performance penalties will be discussed in

Section 7.
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4. MISSION PROFILE CHARACTERISTICS

This section presents typical characteristics of multi-asteroid
missions and defines the scenario of events prior to and during asteroid
encounters. Of particular concern are sequences of spacecraft opera-
tions that are critically important for mission success such as timely
acquisition of the asteroid for terminal navigation, and accurate pointing
of payload instruments during the flyby. In addition to multiple asteroid
missions, combined asteroid and comet flyby missions will be discussed
to show the similarity of the two mission types.

4,1 PRINCIPAL CHARACTERISTICS OF MULTI-ASTEROID FLYBY
MISSIONS

4.1.1 Flyby Sequence

The mission profile of an asteroid flyby mission differs from that
of a major planet mission for which the Pioneer spacecraft was originally
designed primarily in terms of operating modes, observation require-
ments, and observation constraints during the target encounter.  Fig-
ure 4-1 shows typical Jupiter and asteroid flyby trajectories for direct
comparison of the main sequence of events. In both cases the same
approach velocities (8. 5 kim/sec) are assumed. However, because of the
great difference in target dimension and mass, and the closest approach
distances chosen (~ 2.2 x 105 km for Jupiter versus 100 km for the
asteroid), the viewing conditions are very dissimilar. Principal differ-
ences are summarized as follows:

® The close approach required for asteroid

observation imposes large line-of-sight
rotation rates (maximally about 5 deg/sec).

. Only a few minutes are available for useful
observation of the asteroid because of its
small size. By contrast, the observation
time of Jupiter extends over more than
100 hours.

L In the astercid flyby the small target can
escape observation during most of the en-
counter unless an accurate pointing program
for the image system and other optical sensors
is implemented. Conditions for Jupiter flyby
observations are much less critical.
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Figure 4-1. Asteroid Flyby Compared to Jupiter Flyby

. The shortness of the asteroid encounter permits
only a few close-up images to be taken. A point
scan image system as in Pioneer F and G is un-
suitable, and a line-scan system is proposed
instead. This implies high-data acquisition rates,
and necessitates high-data capacity buffer storage
and high-telemetry rates (32 Kbps).

. The close approach distance required for asteroid
mass determination permits imaging at high-sur-
face resolution, even with a modest optical system.

. Because of negligible asteroid gravity the flyby
trajectory remains nearly undeflected. This
limits the range of aspect angles for imaging,
photometry, and polarimetry compared to the
Jupiter flyby.

. Choice of flyby on the sunlit side of the asteroid
precludes observation of asteroid wake effects.

. Small asteroid size and uncertainty of exact
closest approach point generally prevent predic-
tion of the best aim angle for the optical sensors.
The system must operate autonomously since
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communication time delay precludes ground con-
trol during the brief encounter. By contrast, the
extended encounter time of Jupiter permits
observation mode changes by ground command if
necessary.

In the asteroid flyby example shown in Figure 4-1 the approach is
from the sunlit side with the orientation of the approach velocity vector
(approach angle ¢ relative to the sun line) similar to the Jﬁpiter flyby.
The approach angle varies over a wide range, about 45 to 135 degrees,
depending on whether the encounter occurs early or late in the mission,
i. e., prior to, at, or after aphelion passage. The viewing angle sequ-
ence changes accordingly from one asteroid encounter to the next. The

clese-up observation sequence is keyed to three points marked on the

trajectory in Figure 4-1:

SP = passage of subsolar point: full view of the
illuminated disk

CA = closest approach: maximum surface resolution,
and maximum line-of-sight rate

TC = passage of the terminator.

Images obtained from points between CA and TC show the surface features
in highest contrast and are preferable to images taken near SP, provided

the terminator passage occurs in reasonable proximity of the asteroid.

With a change of approach angle ¢ the relative positions and sequ-
ence of SP, CA, and TC vary; SP and CA coincide if ¢ = 90 and TC moves

to infinity; the sequence is reversed if ¢ > 90.

In addition to the geometry illustrated by Figure 4-1 the change in
.—three-dimensional viewing conditions is of interest that occurs with
trajectories shifted above or below the plane of the drawing, such that
the spacecraft does not pass over the subsolar point. This encounter
condition permits a close-up view of the terminator region even if the
approach angle ¢ is near 90 degrleés, but a full view of the illuminated

v

disk is not possible.
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4.1.2 Trajectory Characteristics Affecting Encounter Conditions

Encounter conditions that occur at the different asteroids are
governed by the characteristics of the spacecraft heliocentric trajectory.
Since most asteroids have orbits with low eccentricity and low inclination
we make the simplifying assumption that they move in circular, coplanar

orbits in the ecliptic plane.

Figure 4-2 shows loci of relative velocity vectors of the spacecraft
with respect to any asteroids or meteoroids encountered during the trip
(see the insert sketch for explanation}). The vertical axis of the plot is
oriented toward the sun. The velocity loci are shown for spacecraft
trajectories to 3, 4, and 5 AU. Solar distance is indicated by dashed
parametric lines across these loci. The velocity vector initially oriented
to the left at earth departure (indicated by P for perihelion) rotates in
a clockwise direction as the mission progresses. At aphelion (A) the
vector points to the right, along the horizontal axis; this means that at
aphelion the spacecraft, being overtaken by a faster moving asteroid,
appears to approach it from the front. The locus of the return trip from
A to P (not shown here)} is symmetrical to the outbound locus from P to A,

SPACECRAFT DISTANCE

FROM SUN
1.5 2 AU
2.5
4
1.05 Vr i
AI;ACECRAF- é \
HELIO
(AU) - 5
3
20 15 10 P 5 0

VELOCITY (KM/SEC)

| TO SUN
Figure 4-2. Relative Velocity Diagram
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For a mission to 3 AU the relative velocity is initially 7 km/sec
(at P), increases to a maximum of 14 km/sec at 1.7 AU (before entry
into the asteroid belt), and then decreases again to 5 km/sec at A.
Velocities in the asteroid belt are bracketed by the 2 AU mark to the
right of the vertical axis (and the corresponding point on the inbound locu

not shown here).

The change in approach velocity orientations (angle ¢ in Figures 4-
and 4-2) explains the different viewing conditions for encounters before
and after aphelion. The approach angle ¢ is equal to the phase angle of
the asteroid as viewed from large distances prior to encounter (provided
out-of-plane effects can be ignored). After the encounter the view angle

approaches 180-¢.

The results derived by the above simplified approach are adequate
for preliminary discussion of encounter conditions. To determine actual
relative velocities in a given mission, the eccentricity and orbit inclina-
tion of the target asteroids, and the noncoplanar characteristics of the
spacecraft trajectory must be taken into account. Actual encounter
velocities can therefore differ by as much as 1 to 2 km/sec in magnitude
and by 10 to 15 degrees in orientation from the results derived by the

simplified model.
4.2 TRAJECTORY OF 1978 SAMPLE MISSION

Figure 4-3 shows the trajectory of the 1978 mission to asteroids
1184, 420, and 1 which was selected from the mission candidates listed in
Table 3-1 as a representative sample.* The diagram shows the three-
dimensional trajectory, projected into the ecliptic plane (X, Y-
coordinates), and the out-of-plane component Z plotted versus Y. Por-
tions of the intercepted asteroid orbits are also shown. Time is

indicated along the trajectory in 20-day intervals.

The launch date of the nominal mission is 26 May 1978, although

a delay to mid-June would be preferable for perfo'rma.nce opitmization

: :
Details of the trajectory were provided by D. R. Brooks of NASA,
Langley Research Center, for purposes of this study.
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as discussed in .Section 3. 4. In the nominal case the spacecraft would
encounter the asteroids Gaea (No. 1184) 259 days after launch, Bertholda
(No. 420) 318 days later, near the aphelion of the trajectory, and Ceres
(No. 1) 279 days later. The mission ends at 2. 6 AU after a total flight
time of 856 days, 283 days after aphelion passage (3.3 AU). As shown in
the plot, the maximum northerly excursion from the ecliptic plane is

about C.1 AU,

As previously discussed {see Figure 3-5), this mission is in the
intermediate range of energy requirements‘of the candidate missions con-
sidered in terms of AV and Voo' The choice of Ceres as the last asteroid
to be encountered eliminates the problem of late acquisition for terminal
navigation and guidance that one would normally have to face in this part

of the trajectory with fainter asteroids (see Section 4. 3).

4.3 ASTEROID ACQUISITION PROBLEM

| As discussed in Section 4. 1 the relative spacecraft velocity with
respect to the asteroid varies in magnitude and orientation depending
on where the encounter occurs along the trajectory. This variation is of
major concern in mission design since it governs the viewing conditions
. that exist before, at, and after, asteroid encounters. Viewing conditions
before the encounter strongly influence the range at which the spacecraft's
optical navigation sensor can first acquire the asteroid and hencé, the

time that is available for terminal guidance corrections.

Pre-encounter é,steroid viewing conditions are illustrated in
Figure 4-4 (left diagram) for three cases: the encounter occurs (1) prior
to aphelion, (2) at aphelion, and (3) after aphelion passage by the space-
craft. For simplicity the events are shown in a two-dimensional geometry
It is evident that the phase angle ¢ at post-aphelion encounter (T3) is un-
favorable for early acquisition by the onboard navigation sensor. The

conditions worsen with increasing distance from the aphelion passage.
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The diagram at the right illustrates the orientation of the spacecraft
to-asteroid line of sight relative to the sun and earth vectors for pre-
aphelion and post-aphelion encounters. On the spinni'ng,' earth-oriented
Pioneer spacecraft the optical axis of the navigation sensor describes a
cone around the earth vector, as shown. In the case of post-aphelion en-
counters early aster.oild acquisition is madé problematic not only because
of the unfavorable phase angle of asteroid 'illumiﬁation but also because
small cone angles of the sensor optical axis are impractical since the
sensor must be placed behind the nine-foot high-gain antenna dish to

protect it from direct sun illumination.

In an analysis of the asteroid acquisition range the absolure magni-
tude of the asteroid,' and its distance from the sun at the time of encountez
must be taken i;to account in addition to the influence of the phase angle.
The photographic magnitude M of the target as seen by an observer at

distance r is expressed by

M = MA-I-_510g10 (rrs}+2.510g10 f{¢) 4-1
where
M, = absolute magnitude of the asteroid
r, = solar distance
f(¢p) = phase function -

Distances r and r_are expressed in AU.

Figure 4-5 shows several phase functions f(¢) that have been con-
sidered in this analysis: the idéa.lized Lambert phase function, the phase
function of a diffuse reflecting sphere and the lunar phase function (i. e.,
the integrated phase function of the lunar disk). A linear function
{Reference 3-2)

2.5 1og1'0 f(¢) = 0.023¢ 4-2

is also shown (dashed line} which is based on an average of asteroid

observations made from earth. The lunar phase function is in good
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agreement with asteroid measurements in the range of observations

{p < 50°) that are feasible from earth. In the absence of a better
definition it appears appropriate to use the lunar phase function for pur-
poses of this study. We note that the lunar phase function itself is not

well established for large phase angles. The line shown in Figure 4-5 is

conservative.
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Figure 4-5. Comparison of Several Phase Functions

From the Equation 4-1{ the acquisition range T, Can be determined

as the antilog of the expression

_ 1 1
080Tp = 5 My - M) -logygr, -5 log o Fp 0 (9,) 423
where e is the phase angle of the asteroid as seen by the spacecraft
prior to encounter. Figure 4-6 gives the variation of ?e with mission
characteristics and encounter position (derived from the velocity diagram

of Figure 4-1). Using these data, and assuming a sensor detection
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threshold MV = 5, the asteroid acquisition range r, varies with en-

counter conditions as shown in Figure 4-7. is plotted as function of

r
solar distance T with asteroid magnitude MAA;.S parameter.. Four
curves are shown for each value of MA representing trajectories to 2.5,
3,0, 3.5, and 4.0 AU. The outbound leg of each trajectory is shown by
a scolid line, the inbound leg by a dashed line. The strong effect of phase
angle variation with encounter position is evident in the difference of
,‘,acqulsltlon range for the outbound and inbound legs of a given trajectory.
For example, with M = 12 an encounter position at 3 AU and an

aphelion of 3.5 AU, the acquisition ranges are 2 x 1.06 km and 0, 24 x 106

Corem

kmy respectively.
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the phase angles. The velocities range from about 5 km/sec for encounters
near aphelion to values above 12 km/sec for encounters far from aphelion.
A high relative velocity not only shortens the duration of the closest
approach phase, but also reduces the time available for terminal guidance
maneuvers after asteroid acquisition by the navigation sensor. Itis
evident from this graph that in an encounter long after aphelion passage,
one must contend with adverse viewing conditions as well as a more

critical time margin, .

In summary, we conclude the following strategy for selecting

encounter sequences from a target acquisition standpoint:
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* Faint asteroids are best encountered early in the
mission when the lighting angle is most favorable,
. i. e., before aphelion.

® The lighting angle is less favorable at aphelion
but at least the relative velocity is low. Reason-
ably faint asteroids can still be acquired early
enough in this position.

e Bright asteroids can be acquired sufficiently early
even if the encounter occurs a long time after
aphelion. -

¢  Generally, the target encounters must be spaced
as far apart as possible to minimize the retarget-
ing maneuvers. If this causes the third encounter
to occur long after aphelion, a mission with a
large target in third place is preferred. Faint
targets in third place are generally not acceptable.

4.4 ENCOUNTER CONDITIONS OF THREE ASTEROQIDS IN SAMPLE
MISSION
Encounter conditions at the three asteroids (1184, 420, and 1) of
the sample mission differ appreciably in accordance with time of

occurrence, i.e., prior to aphelion (2. 6 AU), near aphelion passage
(3.3 AU) and after aphelion {2. 7 AU).

These differences are illustrated in Figure 4-8. In the first
case the lighting angle (38 degrees) is favorable for an early target
acquisition. In the second case the angle is about 90 degrees. Early
acquisition is possible,aided by the greater size of asteroid 420. In the
third case the lighting angle (138 degrees) would preclude terminal navi-
gation for targets much fainter than Ceres. In this case the acquisition
range is estimated as 7.5 x 106 km giving a time margin of nearly ten
days for terminal navigation and guidance. No pronounced sun interfer-
ence with optical sensor operation is anticipated in any of the encounters
as can be deduced from the spacecraft orientations illustrated in the
chart.
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4.5 SCIENTIFIC INSTRUMENT POINTING PROGRAM DURING FLYBY

4.5.1 Time Variation of Viewing Conditions

The rapid time variation of viewing conditions (a.pproach distances
and line-of-sight angles) during flyby is illustrated in Figure 4-9 for
several offset distances, assuming a flyby velocity of 6 km/sec. The
abscissa axis shows distance along the trajectory and time elapsed. Time
markers along the curves indicate the number of spacecraft revolutions,

at 12 seconds per revolution.

The optical payload instruments, i.e., the imaging system, photo-
polarimeter, and IR radiometer, must be controlled to follow the asteroid
line-of-sight motion. This is done in accordance with a program of
pointing angle commands which is stored onboard the spacecraft, based on
ground computed data that are transmitted to the spacecraft prior to the
encounter. Updating of the stored program is required during the en-
counter, to compensate for uncertainties in the predicted encounter

conditions.
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Figure 4-9. Time Variation of Encounter Viewing Conditions
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Observation of the asteroid from a spinning spacecraft such as
Pioneer, with a variation of line-of-sight angles, as shown in the diagram,
requires that the optical instruments be gimbal-mounted and reoriented
repeatedly so that they can view the asteroid during successive conical
scan cycles. A one-axis gimbal drive is sufficient for this purpose.
Details of the three-dimensional sensor pointing geometry will be discus-

sed in the following subsections.

Referring again to Figure 4-9, it is apparent that the line-of-sight
rotation can be as large as 40 degrees per revolution of the spacecraft, '
i. e, between successive asteroid scans. This peak rotation rate occurs
only for small offset distances and only during the closest approach,

typically over a period of 30 to 40 seconds.

Methods for meeting or circumventing these high-reorientation
rate requirements have been investigated. One approach is to increase
the offset distance to several hundred kilometers, thereby reducing the
peak line-of-sight rate. Another approach is to permit a small offset .
distance but to limit optical observations to distances where the line-of-

sight rate is reasonably small.

Both approaches are not satisfactory since they infringe either on
the mass determination objective of the mission {first approach), re-
strict the surface resolution obtainable by the image system, or restrict
the aspect angles observable by the photo-polarimeter (second approach).
The preferred a.pproa.ch‘ is to use a gimbal drive actuator capable of
sufficiently high slewing rates, and to accept a slightly reduced point‘ing
accuracy (about 0.5 degree). This meets all scientific objectives at the

cost of an acceptably small increment in system weight and power drain.

4.5, 2 Line-Scan Imaging Geometry

Pointing requirements of the line-scan image system in three-
dimensions are explained by the two spherical projections shown in
Figure 4-10. The diagram at the left describes the flyby geometry in
terms of the ground track that is projected on a sphere. The encounter
is assumed to occur prior to aphelion passage as reflected by the

relative orientation of the sun and velocity vectors.
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In this example, the asteroid diameter is assumed to be 40 km,
the closest approach distance is 100 km and the approach velocity
10 kim/sec. The flyby trajectory has a northerly offset from the sym-
metry plane through the sub-sun (5} and sub-earth (E) points such that.
at closest approach the sub-spacecraft point (point 4 in the diagram) is

at 45 degrees latitude north of E.

The diagram at the right shows the corresponding track of pointing
vectors from the spacecraft, projected on a unit sphere, such that the
spacecraft is at the center and the line of sight pointing to the rear.

Point P at left corresponds to -P on the rear hemisphere at right.

Successive conical scans of the image system around the spin
axis are depicted by concentric circles around -E (negative earth vector),
with cone angles ¢ being represented by the radii, and clock angles ¢ by
central angles measured from the reference axis (south). As the space-
craft approaches encounter the cone angle changes from 90 degrees to
135 degrees in the example shown. Overflight of the sub-earth point
would preclude imaging at the point of closest approach since the '""scan

circle" would shrink to a point (-E) in this position.

A sequence of views of the asteroid is illustrated at the bottom of
the diagram. The relative motion of the scan line varies during the
encounter as shown by the arrows. This explains the reorientation of the
image frame in the sequence of asteroid views., The apparent change in
orientation of the dark segment of the disk is due to the northerly offset

of the flyby trajectory.

As shown by this image sequence, the six-degree field of view of
the camera is larger than the asteroid image until the spacecraft is
within 480 km, or 48 seconds, of closest approach. Thus, a 96-second
time interval is available during which the image system can obtain close-
ups equal to, or smaller than, the asteroid disk. At one image per
revolution, and for a spin rate of 5 rpm, nine such close-ups can be
obtained.
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4. 5.3 Image System Pointing and Updating

The possibility of missing all or part of the asteroid at the time of
image system exposure due to an incorrect pointing angle program stored
prior to encounter presents a fﬁa.jor problem. These pointing errors,
unless corrected, can potentially cause the loss of significant scientific
information (TV images as well as photofnetric, pelarimetric, and IR

radiometer data).

Figure 4-11 explains the nature of the contributing elements of the
pointing error A¢assuming a two-dimensional pointing geometry. The
downrange offset AX and crossrange offset AY contribute error angles
Av_ and A¥,. The cffect of AX will eventually dominate that of AY as

X Y
shown by the equation

sl oet -

since the denominator
ASTEROILD
in AX/X goes to zero
while the denomina.tor
in AY /Yo remains

— — ACTUAL fixed. Figure 4-12

NOMINAL Shows the Variation of

typical error angle
Figure 4-11. Pointing Error Geometry

(In Two Dimensions) components as X goes

"to zero. We note
that the contribution of AY /Yo rapidly diminishes once AX/X has started
to dominate. This is also illustrated in Figure 4-13 (A and B): for ex-
a.rnplé, the AY contribution to A¥/¥ is 2 percent, if the relative AX error
has increased to five times the value of the relative AY error; and only

0.5 percent, if the AX error is ten times the value of the AY error.

These facts facilitate error correction by permitting that the AX
effect be removed first as a systematic error source. This is achieved
by adjustment of the clock time that controls the stored ¢ and ¥ pointing. -

programs.
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A relatively simple pointing angle updating and correction technique
has been devised that uses information available from the image system
and by appropriate processing, eliminates the loss of image data almost
completely. This feedback technique, that does not require onboard
computation, is illustrated by the functional block diagram shown in
Figure 4-14. ‘

, PROGRAM 1 PROGRAM 5%’3‘35‘;”
—P| DATA CONTROL |7 AND READOUT
. | FROM GROUND |— TIMER
X ) CONE ®s 4 COME
o] ANGLE ANGLE
PROGRAM ORIVE
A?
CLOCK % CLOCK
_: ANGLE 2 ANGLE —
PROGRAM SETTING
TIME
PHASE
CORRECTIONS
IMAGE -
DATA .
PROCESSOR
IMAGES | (mAGE ' I IMAGE
— SYSTEM + - » DATA —— TO TELEMETRY
_ STORAGE

Figure 4-14. Image System Pointing Program and Updating
Functional Diagram

The pointing errors include components due to inaccurate prediction
of the time and distance of closest approach. As previously discussed,
the timing error is more severe and its effects can be sensed first. Re-
setting of the program control time minimizes this error source. The
remaining €rrors in cone (¥} and clock (¥} angle can then be corrected by
feedback terms Avand AV detected by the Image Data Processor. The
processing circuits will be discussed in Section 7. For simplicity, a
zero-order (sample-and-hold) correction scheme was adopted that reduces

residual errors adequately as shown in Figures 4-15, 4-16, and 4-17.



22-¥

[~

POINTING ERROR (DEG)
n

o

ASSUMED:

CLOSEST APPROACH (NOMINAL)
OFFSET ERROR
SPACECRAFT REL VELOCITY

100 KM; 45 DEG SLANT ANGLE
-20 KM
6 KM/SEC

CONE ANGLE ERROR

ZERO-ORDER PREDICTION
ENVELOPE

CLOCK ANGLE

ERRCR

Figure 4-15.

- - - -
/’ -
-
”~
— ”

A BEFORE h AFTER
| i | 1 I {
6 4 2 0 2 4 5

DISTANCE FROM CLOSEST APPROACH {100 KM)

Imaging System Pointing Errors

Due to Crossrange Offset AY




Cone and clock angle pointing errors are shown in Figure 4-15 as
functions of distance from the point of closest approach, before and after
the encounter. (Assumptions on encounter geometry are stated at the top
of the chart.) The effect of downrange offset is assumed to have been
corrected beforehand by clock time resetting. A zero-order, sample
and hold correction scheme is used to update the pointing angles as
illustrated by staircase functions and their envelopes (dashed curves).
The envelopes are shifted from the actual error curves by a distance
corresponding to the time interval between.irnage system exposures, i.e.,
12 seconds on the average for a 5 rpm spin rate. Forl a relative velocity
" of 6 km/sec the differential distance is 72 km. The residual pointing
error is largest at the time of rapid change closest to encounter. This
is typical for the simple zero-order correction technique. The residual
errors could be reduced very significantly by adopting a first-order
rather than zero-order prediction technique using a slightly more com-

plicated error processing program.

The effectiveness of the proposed pointing correction technique is
illustrated in Figure 4-16 (A and B) by comparison of the field-of-view
pointing adjustments (dotted linés,) with the image motion and size varia-
tion (shaded region with solid outline) during the encounter. The examples
considered are for nominal closest approach distances of 100 and 200 km
with AY offsets of 20 and 40 km, respectively. The field-of-view is
assumed to be 6 degrees. Uncorrected pointing angles are given by the
null axes of the cone and clock angle variations. In general, the residual
poinﬁng errors are la.rgest_ﬁear the point of closest appfoach. However,
since the asteroid (20 km diameter) subtends an angle df about 12 degrees
at closest approach in the first example (Figure 4-16A) and 6 degrees in
the second example (Figure 4-16B), a TV camera field-of- V1ew of
6 degrees is large enough to compensate for most of the res:Ldu.a.l pointing
errors. The examples also illustrate the substantial loss of image cover-
age that would occur if the pointing program were left uncorrected,

particularly with small subtended angles.

The severe loss of image coverage that can occur in the absence of
an onboard updating program is illustrated in Figure 4-17 for field-of-

view angles of 6 and 3 degrees. Image coverage is defined here as the
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product of the portion of cone angle and clock angle coverage of the
asteroid image in percent. The image loss is defined as the complemen-
tary quantity (100 percent minus percent coverage). It is seen that the
performance of the uncorrected pointing system is seriously degraded for
6 degrees field of view and unacceptable for 3 degrees field of view,

since images that would be obtainable near closest approach, but are

lost due to inaccurate pointing, constitute the most valuable scientific
yield of the mission. Other optical sensors with small fields of view that
are pointed in the same direction would alsc be deprived of close-up

observation capabilitiy in this case.

By contrast, the proposed correction technigue, although relatively
simple in implementation, achieves nearly complete image coverage
throughout the encounter. The apparent anomaly of a smaller image loss
for a 3-degree rather than 6-degree camera field of view is due to the

definition of the index of coverage used in this evaluation.

The alternative to improved pointing angles would be acceptance
of larger fields of view at a loss of resolution. More study of this prob-
lem area is required. We conclude that for the desired field of view of
the various optical sensors carried by the spacecraft a pointing correc-
tion such as a zero-order or a more sophisticated (possibly first order)
prediction technique is essential for meeting the mission objectives.
This conclusion also applies to flyby of planetary satellites, e.g., in

future Jupiter and Saturn missions.
4.6 SUMMARY OF MISSION EVENT SEQUENCE

The operational sequence differs from that of the nominal
Pioneer F and G Jupiter missions primarily in the events leading to the
target encounter, and in the encounter operations themselves. The
launch phase and initial midcourse corrections remain essentially un-
changed, except for the use of the orbital rather than direct ascent mode
that would be required in some of the mission candidates, as discussed
in Section 3. 'Our discussion therefore focuses on the encounter event

Sequence,
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Table 4-1 gives a summary of the main events prior to and during
asteroid encounter. The first two columns indicate whether the operation
involves the ground station, the spacecraft, or both. The last column
gives representative times. Actually, the timing of most of the events
shown will be influenced by the condition of a specific target encounter,
namely approach velocity, target acquisition range, target size, illumina.
tion angle, etc.

Table 4-1. Typical Sequence of Main Events
Leading to Asteroid Encounter

GROUND | SPACECRAFT EVENT TIME

RETARGETING

L] EXECUTE RETARGETING MANEUVER R] AS COMMANDED EN -t 1 DAY
TRACK AND DETERMNNE NEW SPACECRAFT TRAJECTORY TO + 6 DAYS
COMPUTE REQUIRED CORRECTION + 6 DAYS
L EXECUTE TRIM MANEUVER R2 AS COMMAMNDED + 7 DAYS
. RESUME CRLISE MODE : + 7 DAYS
TARGET ACQUISITION AND TERMINAL GUIDANCE
. SET STAR MAPPER CONE ANGLE FOR ACQUISITION EN - & DAYS
IDENTIFY REFEREMNCE STARS - 5 DAYS
DETERMINE PRECISE SPItM AXIS ORIENTATION - 3 DAYS
. ACQUIKE TARGET ASTEROQID - 2 DAYS
. VERIFY TARGET ASTERCAD IDENTITY 2 DAYS
] PERFOKM REPEATED MNAVIGATION FIXES FROM 45-40 ROURS
. COMPUTE TERMIMAL GUIDANCE MANEUVER ~40 HOURS
EXECUTE TERMINMAL MANEUVER T =36 HOURS
L] L] REPEAT ABOVE SEGUENCE -30 TO 8 HOURS
EXFCUTE FINAL TRIM MANEUVER 1 8 TO -6 HOURS

ENCOUNTER SEQUENCE

L] . TEST AMD RECALIBRATE ENCOUNTER SCIENCE INSTRUMEMNTS EN -3 DAYS
L4 VERIFY SPACECRAFT ENCOUNTER MODE FUNCTIONS -2 DAYS
L] START ASTEROID OBSERVATIONS -10 HOURS
L COMMAND PAYLOAD POINMTING SEGUENCE EN - 4 HOURS
L] START CLOSE-UP OBSERVATION SEQUENCE -30 MINUTES
- END ASTERQID OBSERVATIONS ’ +10 HOURS

. . START MEXT RETARGETING SEQUENCE | + 1 DAY

En | AND £y DESIGNATE ENCOUNTER TIMES AT N - 13T Anp N™M AsTEROID, RESPECTIVELY

Retargeting, required after each asteroid encounter to prepare for
the next, should take place as early as possible. Ground and spacecraft
operations involved in the retargeting maneuvers are essentially the
same as in Pioneer F and G midcourse cofre_ct_ions. A reorientation of
the spacecraft is generally called for, so as to pefmit using the main
axial thruster in providing the velocity incre_me.nt in the desired direction.
However, in some cases (which would have to be selected for this reason

unless they occur fortuitously) reorientation is not necessary if the
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required velocity increment AV points essentially radially toward earth.
This would be the case (1) if the next asteroid will have to be intercepted
2t a location inside the current spacecraft rajectory, and (2) if out-of-
plane components of the earth vector and the trajectory change are
properly matched. At most, two reorientation s will be required during

a mission, one for each retargeting maneuver; they occur under conditions

where timing of the subsequent telemetry reacquisition is not critical.

Figure 4-18 shows the schedule of principal events near the
encounter. A logarithmic scale is used to cover the range from 10 mil-
lion km when encounter preparations must be started, through the closest
approach point, at 100 km from the asteroid, to the start of retargeting

operations for the next encounter.

Because of the rapid succession of events in the immediate vicinity
of the asteroid and their timing uncertainty, the spacecraft must use its
own autonomous command program for about { to 2 hours, updated as
required, rather than rely on ground commands during that period.
Regarding pre-encounter pfeparation (e. g., terminal maneuvers) that
must be performed at least 12 hours before the flyby event, ground com-
mands are necessary because of the required computations that greatly
exceed onboard capabilities. The 40 to 60 minute delay in spa..cecra.ft-to-
earth communications imposes appreciable constraints on the timing of

these functions.

Thus, in planning the detailed schedule of events for the multi-
asteroid mission, careful attention must be given to this timing problem,
the allocation of command functions to ground control and autonomous

spacecraft control, and the requirement for onboard data processing.
4.7 COMBINED ASTEROID/COMET FLYBY MISSIONS

4.7.1 Trajectories

Numerous possibilities exist for missions which include a comet
flyby and two or more asteroid flybys (Reference 1-6). Indeed several of
these missions require total spacecraft AV capabilities comparable to
those considered for the multi-asteroid mission, i.e., 800 to 900 m/sec.
The launch energy is under G, = 60 kmzlsecz, compatible with the Atlas/
Centaur /TE-364-4 injection capability for a 1000-pound spacecraft.
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NASA's Small Bodies Mission Advisory Panel has recommended this mis-
sion class as part of the proposed asteroid/comet research effort for this

decade. (Reference 1-4.)

Two such missions are shown in Figure 4-19. At left is the trajec-
tory of a mission to comet Forbes, launched in August 1977 with flyby of
asteroids 49 and 192. The comet is encountered last: 989 days after
launch. The retargeting AV requirements of this mission are on the high
side (1056 m/sec), but combination of Forbes with different asteroid

targets reduces AV to the 270 to 930 m/sec range.

At the right is the trajectory of a mission to comet Whipple.
Asteroid 939 is encountered 160 days after launch, and Whipple 140 days
later. The AV expenditure thus far is 200 m/sec. With an additional ex-
penditure of 400 m/sec one of several asteroids can be encountered within

a year after passing the comet.

Preliminary study of the mission characteristics, terminal naviga-
tion and guidance requirements, and the comet flyby geometry shows that
basically the modified multi-asteroid Pioneer spacecraft is compatible
with this expanded mission type. Problems that require additional study
include the augmentation of the payload complement for comet observation
and the increase in weight, power, and data rate required for the extra
payload instruments. It would be possible to perform two missions with
partly different payload complements, emphasizing asteroid observation,

in one case, and comet observation in the other.

4. 7.2 Typical Comet Encounter Geometry

The relative motion of a comet encounter is fundamentally different
from asteroid encounters because of the high eccentricity of the comet's
orbit and the preference for performing the flyby as close to 1 AU as
possible, on returning from the asteroid belt. Reasons for this preference
are summarized as follows:

a) Encounter late in mission, close to { AU, has these

advantages: '
. Comet is active and bright

L] Simultaneous earth observation if facilitated
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EXAMPLE 1*

49 — 192 — FORBES
LAUNCH IN AUGUST 1977

NO. 49
18 JUN 1978

- 5/C
TRAJECTORY

NO. 192
2 NOV 1979 LAUNCH
. 15 AUG 1977
COMET FORBES

30 APR 1980

’Data from Brooks, Reference 3-2.

EXAMPLE 2

939 — WHIPPLE — 2ND ASTEROID
LAUNCH IN APRIL 1977

ENCOUNTER
WITH SECOND
ASTEROID

LAUNCH | ENCOUNTER
26 APR 1977 WITH COMET
, , 20 FEB 1978
5/C TRAJECTORY /
/ ENCOUNTER
/ WITH NO. 939
/?\\ 30CT 1977
ORBIT OF -~ COMET AT
COMET ——" LAUNCH

WHIPPLE

Figure 4-19. Combined Asteroid/Comet Flyby Missions



. Updated comet ephemeris simplifies terminal
guidance

e  Acceptable hazard of comet dust impingement
(last target in sequence)

b) Encounter geometry permits coma/tail flythrough
with possible close approach to nucleus, extended
encounter time

c) Acquisition range about 10 times greater than for
asteroid encounter

d) Repeated terminal maneuvers permit accurate close

approach.

The most significant aspect of the encounter geometry (shown in
Figure 4-20) is the nearly radial, outward pointing relative velocity which
permits penetration of both coma and tail. If we assume a tail crossing
angle of 10 degrees, a coma diameter of typically 50 x 103 km and a tail
width of 103‘to 104 km, the exposure to the cometary environment typically
lasts one to two hours even at the high-relative velocity of 15 km/sec.

The nucleus may also be observable.

Since the apparent magnitude of the coma varies with the 4th power
of solar distance the spacecraft navigation sensor can acquire the comet
early in the approach phase and terminal guidance maneuvers are facilitated.
For example, the 5th magnitude sensor adopted for the multi-asteroid flyby
mission can acquire a 12th magnitude comet at a range of 15 x 10~ km, if
the solar distance is 1.5 AU, this range being about ten times larger than

for an asteroid of the same magnitude.

SPACECRAFY
RELATIVE
‘TRAJECTORY

VELOCITIES

Figure 4-20. Typical Comet Encounter Geometry
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5. TERMINAL NAVIGATION AND GUIDANCE

5.1 TERMINAL NAVIGATION CONCEPT

Accurate terminal navigation is essential for achieving the very
small offset distance at asteroid flyby that is dictated by scientific |
objectives. An onboard target sensor is required for this purpose since
the exact location of the asteroid is not sufﬁéiently well known in advance
to permit accurate command guidance by the conventional method, based
entirely on radio-tracking of the spacecraft from earth. The a priori un-
certainty of the miss distance is dominated by the asteroid ephemeris
error that can amount to thousands of kilometers even with the most

refined asteroid orbit determination methods.

The feasibility of precise terminal navigation with the aid of an
onboard optical sensor has been demonstrated for a three-axis controlled
spacecraft by the Mariner 9 and earlier Mariner flights (References 5-1
and 5-2).

The terminal navigation concept proposed for the asteroid flyby
mission uses a scanning star sensor that is compatible with the spinning
Pioneer spacecraft. This is illustrated in Figure 5-1. The star scanner
detects the asteroid and determines its location relative to selected
reference stars. As the sensor field of view scans an annular region of
the celestial sphere, images of the stars and the asteroid pass the slits
of a V-shaped reticle located at the focal plane, and are detected by a
photomultiplier. A sequence of pulse pairs is thus generated, as illust-
rated at the bottom of Figure 5-1. The timing of these pulses indicates
the position of the asteroid relative to the reference stars. The mean
time and the pulse separation of each pair give the clock and cone
angles of the object, respectively. The sensor is gimballed so that the
angle of the optical axis to the spacecraft spin axis can be adjusted to
include the target in the 3-degree annulus. Interpretation of the pulse

sequence permits:

[ ) Identification of the reference stars

L Verification of the asteroid after it is detected
by the sensor
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. Determination of the target's clock and cone
angles

* Compensation for uncertainty in spin axis
orientation and gimbal angle.

This terminal navigation sensor has been previously. proposed and
analyzed for advanced Pioneer applications where precision planetary
guidance is essential (References 5-3, 5-4, and 5-5). Several versions
of the instrument have been developed and tested (References 5-6 and 5-7).
If requirements on detection sensitivity and angular precision of the
instrument are held to a reasonable level problems of a major new

technology development can be avoided.

The block diagram shown in Figure 5-2 defines the functions of
terminal navigation and guidance that are assigned to the spacecraft and
the ground facility., To minimize the complexity of onboard operations
the signals generated by the star scanner are telemetered to the ground
for processing and interpretation. The spacecraft only acquires the data
and executes guidance maneuvers as commanded from the ground. The
ground facility automatically

o Screens the incoming star sensor signals and
identifies the reference stars

. Detects and verifies the asteroid by its time-
varying brightness and parallax

¢ Performs orbit determination and updates the
position and velocity of the spacecrdft relative
to the asteroid, using the optical sensor data in
combination with radio tracking data and earth-
based telescope asteroid observations

L Determines desired trajectory corrections, and
o Transmits maneuver commands to the spacecraft.

The last three steps in this procedure are repeated several times
to acquire additional navigational fixes, update the relative spacecraft
position, and perform additional maneuvers as required. In this mamner
gross ltra.jectory errors can be corrected as early as possible to conserve
propellant. Residual errors are corrected subsequently as navigational

data of higher accuracy are obtained closer to the target. Thus, c¢ven
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with modest angular resolution a high terminal accuracy can be achieved.
Theoretically, a trajectory error of the order of 10 km can be detected
at a range of 105 km l;y a sensor of 0.1 mrad resolution, and corrected
by a trim maneuver of only 1 m/sec. In practice the results are not
quite so favorable since the time for repeated navigation fixes, orbit
determination, and command signal transmission become more signifi-
cant close to the asteroid encounter. Typically, the communication
delay is 40 to 60 minutes. This means that guidance iterations must be
discontinued about 3 to 6 hours before encounter when the spacecraft is

still at a range of 75 to 150 thousand km from the target.

Time losses during this critical pre-encounter phase must be
minimized, in general, so as to complete the required maneuvers as
early as possible and to minimize the AV expenditure. The navigation

and guidance operations can be expedited and time losses minimized as
follows:
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1) The star scanner is commanded to point in the
desired direction well in advance of the predicted
asteroid acquisition time. This permits identifica-
tion of reference stars in the annular region scanned
by the sensor, ahead of time, and speeds up the sub-
sequent determination of the asteroid's relative
position.

2) Ground-based data interpretation, orbit determina-
tion and guidance command computations are fully
automated to minimize the turnaround time between
acquisition of navigational fixes and guidance
maneuver execution.

3) The guidance maneuvers are executed without a
spacecraft reorientation.

4) Thrust times are shortened by providing sufficiently
large thrust levels for axial and radial thrusters.
E. g., a 50 m/sec maneuver can he performed in
less than one hour by a pair of 1 1bf radial thrusters
on a 1000-pound spacecraft, assuming a 25 percent
duty cycle (90-degree firing arc).

5) Nutation effects caused by perturbing torques due to
thruster misalignment are minimized. Thus, the
time required for residual wobble to damp out after
each maneuver can be reduced to less than 1/2 hour
and a significant time lapse befote the next navigational
fix can be avoided.

The design and operating characteristics of the terminal navigation
sensor determine the accuracy, propellant requirements, and success
probability of terminal approach guidance for each encounter. Early
target acquisition achievable by a sensor with high detection sensitivity
reduces AV requirements, but increases the weight, complexity, and
cost of the system and the effort of data handling, telemetry, processing,
and interpretation onthe ground. The sensor characteristics also im-
pose constraints on mission selection by determining limits on target .
size {or brightness) and intercept locations, as previously discussed,

i. e., with a less sophisticated sensor the number of available mission
options is reduced. These tradeoffs have been investigated and will be

discussed in the following subsections.



5.2 ASTEROID ACQUISITION RANGE AND LIMITS OF INTERCEPT
LOCATIONS

Figure 5-3 shows plots of typical acquisition ranges for asteroids
of 12th magnitude if the detection threshold of the navigation sensor is
M., = 5 (left diagram) and M

v vV
stant acquisition range, in millions of km, are plotted across spacecraft

= 7 (right diagram). Contours of con-

trajectories through the asteroid belt. Because of unfavorable viewing
angles in the second half of the trajectory, i.e., after the aphelion pas-
sage, the detection range can become critically short, as previously
explained in Section 4 (see Figures 4-6 and 4-7). Note that the time to
encounter for a detection range of 0. 75 million km in the vicinity of
aphelion is about two days because of the small closing velocity of 5 to
é km/sec. Later inthe mission, with the closing velocity increasing to
8 or 10 km/sec, the same detection range only leaves about one day to

encounter,

In addition to the M, and MV examples listed in Figure 5-3, the
plots also apply to other combinations of asteroid magnitude and sensor
threshold. As was discussed in Section 4. 3, the parameter that governs
the detection range is the magnitude difference, MA - MV The more
severe case at left is for a magnitude difference of seven. The illustra-
tion at the right is for a magnitude difference of five. Since the apparent
asteroid magnitude changes by -1 if the range is reduced by 37 percent,
and by +1 if the asteroid is 58 percent further away, additional acquisition

range contours can be derived readily from those shown,

These detection range contours define limits of intercept locations
where AV requirements for terminal guidance maneuvers can become
excessively large. For example, at 1 million km range the correction
of a 5000 km trajectory error requires a velocity increment of 50 m/sec
if the relative velocity is 10 km/sec. In the left plot the 0. 75 million km
contour, in the right plot the 1 million km contour, roughly define the

boundary of reasonable AV requirements.
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5.3 TERMINAL ACQUISITION AND MANEUVER REQUIREMENTS

Figure 5-4 provides a convenient graphical aid for preliminary
assessment of terminal navigation and guidance requirements under given
encounter conditions. The diagonals in the diagram are lines of constant
ratios of offset distance to range. The maneuver required to correct a
given offset error AX at the range R is

AX

AV=—Vr

R el

where Vrel is the relative velocity. The parameter values at the top of the
diagonal lines indicate the AV required for this correction. An upper
limit shows conditions where the AV requirements becomes unreasonably

large.

In addition to AV the diagonals also define the error angle Af
subtended at the spacecraft by the offset error AX since
_ &
af = x
The parameter values inscribed at the bottom of the diagonal lines give
the offset error angle that can be detected by a navigation sensor of
specified resoclution. A lower limit of 0.1 milliradians is indicated in the.

diagram.

Use of the chart is illustrated for the case of a two-stage terminal
maneuver. At a range of 2.5 x 10(J km a maneuver of 20 m/sec would be
required to correct an initial offset distance of 5000 km if the relative
velocity is 10 kmm/sec. A residual offset of 250 km due to the 0. 1 milli-
rad error detection threshold is corrected by a second maneuver,
requiring 5 m/sec at the range of 5 x 105 km, with a residual error of
50 km. These AV requirements change proportionally with relative
velocity, and can be conveniently rescaled from the 10 kin/sec reference
value if the velocity is different. When used in this manner the chart
permits the construction of optimal guidance maneuver iterations given
an initial offset and acquisition range and the desired terminal accuracy.
Optimal maneuver iterations have been investigated by Pfeiffer and

Curkendall (Reference 5-8) using a similar approach.
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The chart at the bottom of Figure 5-4 gives the detection range as
function of phase angle and asteroid magnitude, based on the results
developed in Section 4 (Figure 4-7). In the example illustrated the
2. 5 million km detection range corresponds to an asteroid of 12th magni-
tude at zero phase, or 8th magnitude at nearly 135 degree phase. An
aphelion of 3 AU and a sensor detection threshold of 5th magnitude is
assumed. This diagram can also be rescaled conveniently if desired, by

using data from Figure 4-7.

Inherent in the use of this graphical technique is the simplifying
assumption that maneuvers are performed immediately at the time of
asteroid acquisition and without execution errors. A delay of two hours
would correspond to a distance of 72 thousand km downrange, and result
in a small increase of AV requirements if the acquisition range is greater
than 1 million kmn. The graphical results can be easily corrected to
account for time delays. The accuracy of this graphical analysis is
acceptable for preliminary guidance studies as was found by comparison

of rresﬁlts with those from actual guidance computa.tions.

The effect of acquisition range limits and resolution accuracy of a
given navigation sensor can be examined conveniently by the same dia-
gram as illustrated schematica.lly‘in Figure 5-5 for two typical cases.
The upper horizontal line (Case I\) shows the situation where terminal
maneuver initiation is delayed because of the acquisition range limit {A).
The lower line (Case II) shows the situation where the delay is due the
resolution limit (R) of the sensor. The acquisition range limit tends to
increase the AV requirement, particularly if the initial.offset error is

large. The error resolution limit mainly affects the terminal accuracy.

Figure 5-6 shows the influence of the detection threshold M'V on
AV and propellant weight WPR requirements for terminal guidance
maneuvers. The initial target offset is 5000 and 10, 000 km and the
desired terminal accuracy 50 km. The case that was illustrated in
Figure 5-4 may serve as an example. (The encounter conditions aré
the same as those listed in Figure 5-4, and the maneuvers are performed

in two or three stages.) The assumed asteroid magnitude is MA = 12,
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The maneuver requirements decrease sharply with increasing threshold
sensitivity and, hence, increased detection range. However, most of
this reduction is achieved by changing MV from 3 to 5. Further reduc-
tions in AV and Wp o beyond MV = 5 are relatively small. For example,
the propellant savings achieved by changing the sensitivity threshold
from 5 to 6 are only 2.2 and 4. 1 pounds for the cases of 5000 and 10, 000
km initial offset, respectively, corresponding to AV-changes of 6 and

11 m/sec. This shows that a navigation sensor of moderate sensitivity
(MV = 5) is adequate under average encounter conditions while an in-
crease in sensitivity would not save enough propellant to warrant the
increased sensor complexity and cost. In fact the propellant weight
saved is partly offset by a weight increase of the sensor and associated
equipment. We note that the above results were obtained for a sensor
resolution of 0.1 mrad. A higher resolution does not change the &V

requirement noticeably.
5.4 ASTEROID POSITION UNCERTAINTY

In a recent article on asteroid ephemeris accuracy {Reference 5-9)
Marsden states the fact that the position uncertainty of many numbered
asteroids exceeds 105 km; however, only 35 percent of the nearly 700
asteroids surveyed in 1968-69 by the Crimean Observatory {USSR) have

residuals of more than 3 arc min (2. 3 x 105 krn) in right ascension;

45 percent have less than 1.7 arc min (1.3 x 105 km). Marsden also
suggests that by properly selecting a small number of asteroids as targets
for future missions and refining their ephemeris, the uncertainty can

probably be reduced to a few arc seconds (i.e., 1500 to 4500 km).

A concurrent study$ by P. Herget of the Cincinnati Observatory's
Minor Planet Center has determined the best currently obtainable
ephemerides for selected asteroids including those of the 1978 sample
mission, Ceres (No. 1), Bertholda (No. 420), and Gaea (No. 1184). 1o
position uncertainties of ten asteroids in heliocentric coordinates x, vy,
z, and the corresponding RSS-values v are guoted here from Reference
1-6 (see Table.5-1). Herget has indicated that the worst of these values

“Sponsored by NASA, Langley Research Center.
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could be reduced by a factor of 2 or 3 by more extensive analysis of
existing observations, but that reductions by more than a factor of 5 are
not feasible even with an intensive observational campaign started two or

three years prior to an actual mission.

Interpreting these results in terms of required terminal navigation
~and guidance capabilities we conclude that an a priori miss uncertainty
of 5 x 103 km (30) for reasonably selected target asteroids is probably

a conservative estimate. The examples presented in Section 5. 3 and
those to follow in Section 5. 5 show that a AV -capability of 50 m/sec
allocated for terminal guidance in each of the encounters should be
adequate to meet mission requirements allowing that in a three-target

mission some asteroids may require significantly less than that amount.

Table 5-1. 1¢ Ephemeris Uncertainties of Ten Selected Asteroids

JULIAN 1o UNCERTAINTIES
ASTEROID DATE [ [] 12 d
- | 244%X%X. 5 X Y z R
1 CERES 4502 320 57 100 340
, USED IN SAMPLE
1184  GAEA 3903 955 2606 1968 400 MULTI-ASTERQID
‘ MISSION
420 BERTHOLDA 4222 1000 972 778 1598
49  PALES 35680 1305 469 600 1511
300 GERALDINA I8 1678 1492 1416 2772
809  FULVIA 4115 2852 5574 3880 7366
| USED IN
];92 NAUSIKAA 4178 513 1248 1078 1727 ASTEROID/COMET
303 JOSEPHINA o7 2498 4660 3545 sar7 MISSION OPTIONS
327 COLUMBIA 4199 789 1990 1519 2684
592 BATHSEBA 4126 1492 1 3080 1 1736 3837

FROM REFERENCE 1-6, BASED ON A CURRENT STUDY BY P. HERGET, CINCINNATI
CBSERVATORY MINOR PLAMET CENTER,

5.5 ILLUSTRATIVE TERMINAL GUIDANCE EXAMPLES

Examples of alternate implementations of terminal navigation and
guidance are given in this section to illustrate differences in maneuver

requirements and terminal accuracy.

Figure 5-7 describes the principle of acquiring navigational fixes
by repeated triangulation. The equation given in the diagram defines the

offset distance D in terms of the observation angles € and €, and the
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D=V T sin€ sin e

sin(e-eo)

Figure 5-7. Navigation by Simple
Two-Point Triangulation

determine the offset distance D.

distance V « T traveled between
observations where V is the velocity
and T the time interval. The method
is simple but requires an appreciable
time interval between observations to
obtain a sufficiently large angular
difference ¢ - €, for an accurate
determination of D in the presence of

5ensor errors '56'

The accuracy of navigation

‘fixes can be improved and the re-

quired time interval reduced for a
given sensor error if a least squares

computing technique is used to

Figure 5-8 shows the terminal navigation accuracy obtainable by a

simple two-point navigational fix, and the AV requirements for correcting

the target offset by a single maneuver that is performed at the completion

of the navigation fix, i. e., at a time interval T after initial target acqui-

sition. The results are plotted as functions of the distance and time from

the point of closest approach at the time of maneuver execution. Velocity

requirements are too high for practical purposes since the maneuver

must be delayed too long in order to reduce the miss uncertainty. The

AV requirement is proportional to the offset distance to be corrected and

can be as large as several hundred m/sec under the conditions assumed

in this example.

Two obvious improvements are indicated;

1) Use of least squares optimization to reduce the
navigational error for a given sensor accuracy

2) Use of repeated terminal maneuvers to permit
early correction of a large fraction of the initial
offset error when the maneuver is still reasonably
inexpensive, followed by trim maneuvers as
accuracy of navigational fixes improves.
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With these improvements in navigation and guidance technique
much more satisfactory results are obtained as illustrated by the results
given in Table 5-2, for an initial target offset of 10, 000 km. For a
sensor error of 0, 1 mrad the terminal miss is between 30 and 50 km {1c)
and _the total AV requirement for two or three iterated maneuvers is about
50 or 100 m/sec depending on whether initial acqﬁisitionoécurs at 1 mil-
lion or one-half a.million km. If the sensor error is increased to 0.5
mrad the terminal miss becomes 134 and 237 km, respectively, while"
the AV requirements are essentially the same as in the case of the 0, 1
mrad sensor error. The assumed encounter conditions and gu1dance :
characteristics are listed at the bottom of the table. The tabulated
results also provide a verification of the guidance requirements that can
be derived by graphical analysis using the terminal maneuver diagram,

Figure 5-4.

Table 5-3 gives maneuver allocations and 1o terminal errors for the

three encounters of the 1978 sample mission, using a 5th magnitude sensor

s
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Table 5-2, Examples of Terminal Maneuver Requirements and Accuracy
CONDITIONS NO. OF MANEUVER MANEUVER AV TERMINAL MISS
ASSUMED MANEUVERS | TIMING (CUMULATIVE)
. MEAN  STANDARD STANDARD
R TS ENSOR DEVIATION | DEVIATICN
(]
(165 KM)  (MILLIRAD) - (HR) (M/SEC)  (M/SEC) (KM)
46,0
1.0 ¢.1 3 43,0 48.9 1.3 30.5
26.6
46.0
1.0 0.5 3 43.0 51.8 1.3 S
23.8
728
0.5 0.1 2 20 4 97.4 5.4 49 .4
22.88 99.5 5.4 237
0.5 0.5 2 20.]

INITIAL UNCERTAINTY: 10,000 KM
RELATIVE VELOCITY: & KM/SEC 3
TIME BETWEEN MEASUREMENTS: 107 SEC
FINAL MANEUVER TO OCCUR NO LATER THAN
10 HOURS BEFORE ENCOUNTER
EXECUTHON ERRORS (le), PROPORTIONAL: 0.01
BIAS ERROR: 0.1 M/SEC

ASSUMPTIONS:

Table 5-3. Terminal Maneuver Allocations in Sample Mission
SENSOR DETECTION THRESHOLD: MV = 5, SENSORRESCLUTION (1e): « = 0.1 MILLIRAD

- IDEALIZEG
TERMINAL
TARGET POSITION  |ACQUISITION ‘ ;
ASTEROID | UNCERTAINTY '| ™ RANGE (MANEJVERS - 2oV, ) ZAV; | EEROR ()
(10° KM) (10 KM) (M/SEC) (M/SEC) | (M/SEC) (KM)
NO. 1184 10.3 2.2 |46.0 4.6 2.4 53.0 | 69.0 20
GAEA
NO, 420 4.8 3.0 8.4 2.8 2.8 140 | 18.2 12
BERTHOLDA
NO. 1 0.7 7.5 56 3.0 17| 103 | 13.4 19
CERES
BVeyraL 1 = 100.6 M/SEC
BV oTaL 2 = 125-2 M/SEC
ADJUSTED FOR 3¢ ERROR IN NAVIGATION
SENSOR

NOTE:  "IDEAL V.1 MAMEUVERS .PERFORMED INSTANTLY, WITHOUT EXECUTION ERRCR
ACTUAL MANEUVERS (aV, ) ASSUMED 30 PERCENT LARGER THAN IDEAL oV,
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detection threshold and 0.1 mrad resolution. In each case three interated
maneuvers are carried out to minimize total AV requirements. Acquisition
ranges are 2. 2 million km for the smallest asteroid (1184), 3 million km
for the intermediate (420), and 7. 5 million km for the largest asteroid

(1). Maneuver allocations range from 69 m/sec for the worst case to

13. 4 m/sec for the least demanding case. The total allocation for the
mission is increased to 125. 2 m/sec to account for (1) the non-ideal ex-
ecution of maneuvers, and (2) the effect of 30 sensor rescolution errors.
Note that these results were obtained by the graphical analysis technique,
with a precision of the order offive percent.

5.6 TERMINAL NAVIGATION SENSOR DESIGN CHARACTERISTICS AND
ERROR SOURCES

5.6.1 Design Characteristics

Figure 5-9 illustrates the star scanner principle of operation. At
the top is a functional block diagram of the detection process. The lower
half shows the operation of the V-slit reticle and waveforms generated by
the photomultiplier detector and by the bandpass filter that processes the
photomultiplier output. The pulse pair which is generated by detection
of the asteroid or star image as it passes through the reticle slits pro-
vides the desired clock and cone angle information as indicated on the
waveforms. The filtered output pulses are shaped to give a more precise
detection of the time at which the image crosses the two slits than the
original pulses generated by the photomultiplier independent of pulse

amplitude.

To minimize the effect of sky background on the detection process
the dimensions of the reticle slits must be made as small as possible.
The slit length is dictated by the desired field of view which must be
sufficiently large to acquire at least three reference stars in scanning the
celestial sphere. With a 3-degree field of view the annular region being
scanned at a half cone angle of 22, 5 degrees is 429 degreesz. The average
number of stars of 5th magnitude or brighter varies from 0. 01 near the
galactic pole to 0. 1 at the galactic equator. Thus, at least four stars are
available near the pole and 11 near the galactic equator. There is
enough margin for acquiring enough reference stars at smaller half cone
angles even in the case where part of the scan cycle is close to the
galactic pole.
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Figure 5-9, Star Mapper Principle of Operation

The slit width selected in the proposed design is 3 arc min. This
reduces the sky background effect without decreasing the passage time of
the asteroid and star images below the limit of adequate signal strength.
The optical characteristics and detector circuits selected in the proposed
star sensor design give a signal-to-noise ratio of at least 10:1 for a slit
width of 3 arc min and a minimum image crossing time of 1.73 m/sec

at the 5 rpm spin rate.

Table 5-4 summarizes the sensor design chdaracteristics. A
4-inch diameter lens of super-~-Farron quality with 3. 48 inches focal

length has been selected. The wide aperture is required to assure
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detection of 5th magnitude objects while the short focal length is dictated
by the dimensions of the photocathode and the desired width of the
annular region (3 degrees) to be scanned on the celestial sphere. The
geometry of the V-slit reticle requires a 4. 2-degree field of view to

accommodate a reticle of 3-degree slit height.

A short overall dimension of the instrument is desired for con-
venient mounting on the side of the spacecraft equipment bay with gimbal
reorientation capability covering cone angles from 60 to 165 degrees (as
measured from the earth line-of-sight). Although the optics of the
instrument would not be exposed to direct sunlight under most encounter
conditions, being shaded by the antenna dish, a light shade of 12-inch
maximum length is needed to protect the instrument against reflected
light from nearby appendages, namely the RTG support structure and

magnetometer boom.

Table 5-4. Sensor Characteristics

OPTICAL SYSTEM

LENS DIAMETER: 4 INCHES {~10 CM)
EQCAL LENGTH: 3.48 INCHES (8.8 CM)
LEMS TYPE: SIMILAR TO SUPER FARROM
COLLECTING AREA: 81 CM

TRANSMITTANCE; 75% BETWEEN 3000 AND
8500 A

BLUR SPOT DIAMETER: 2.76 ARC MIN AT 2° OFF AXIS
EIELD OF VIEW: 4.2 CIRCULAR

RETICLE: TWG 5LITS — 3 ARC MIN WIDTH
3 DEGREE HEIGHT

DETECTCR CIRCUIT

PHOTOMULTIPLIER: EMR S41E-01-14
5-20 SPECTRAL RESPOMNSE

CURRENT GAIM; 106 (2.67 EACH OF 14 DYNODES)

SENSITIVITY THRESHOLD: 5TH MAGNITUDE 5TARS

SIGNAL-TC-MOQISE RATIO: >10 FOR 5TH
' MAGNITUDE STARS

QPERATION

GIMBAL RANGE: 70% TO 165° CONE ANGLE
(FROM EARTH VECTOR)

LONE COVERAGE PER SPIN CY(CILE: L2
AT 22,5 DEGREE HALF-CONE ANGLE: 427 DEG”,

4 TO 1} STARS ‘ 2
AT 90 DEGREE HALF-CONE ANGLE: 1700 DEG®,
16 TO 44 S5TARS .
TELEMETRY; 95 BITS PER SOURCE 380-760 BITS PER
SPIN CYCLE
{AVERAGE ~30 TO &0 BPS AT 5 RPM)

OPERATION MODES: o) NAVIGATION SENSOR
o _ b) STELLAR REFEREMCE
ASSEMBLY (ADJUSTABLE
. THRESHOLD) .

RSS ERRORS COME ANGLE 30-40 ARC SEC
CLOCK AMGLE 20-30 ARC SEC :
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5.6.2 Error Sources

An error analysis of the star sensor cone and clock angle measure-
ments under typical encounter conditions has been performed and is
summarized below. Since angle measurements are performed in terms
of pulse time detection, any timing errors in the detection process are

directly convertible into angular errors.

Error sources external to the sensor proper also contribute to the
total error of navigational observations, unless compensated, including
residual wobble of the spacecraft spin axis, uncertainty of the exact
spin axis orientation with respect to the spacecraft center line, and in-
accuracy of gimbal orientation. The last two error sources are detect-
able by interpretation of the star map generated during a spin cycle and
can be compensated with the accuracy that is inherent in the angular

resolution of the star sensor itself.

Results of the analysis are given in Table 5-5 to show the different
effect that some of the error sources have on clock and cone angle
measurements. The table also shows the changes in cone and clock angle
errors due to variation of the sensor pointing angle with respect to the
spin axis. Typical errors are listed for half-cone angles of 90 and

22.5 degrees.

Random jitter is seen to be a principal error source. This error
source contributes the essential differénces in the RSS values given at
the bottom of the table. This is explained as follows. Small random
variations occur in the time of zero crossing of the clock and cone angle
pulses (Figure 5-9) as the result of superimposed shot noise. These
variations affect the angle measurement as random jitter. The suscep-
tibility of the measurement to this error source depends on pulse shape.
For a pulse with a steep slope, or short rise and fall time, the time of
zero crossing shows smaller variations due to jitter than for a pulse with
longer rise and fall times. Comparing the cases of large and small cone
angles of the sensor optical axis we find that the scan rate decreases with
the cone a.ngle,' and the rise time increases. Hence, the increased error
levels shown of Column 2 and 4 compared to Columns 1 and 3,

respectively.
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Table 5-5. Star Mapper Error Sources {i¢)

CLOCK ANGLE ERROR | CONE ANGLE ERROR
ERROR-SOURCE (ARC SEC) (ARC SEC)
HALF-CONE o
ANGLE 90 22.5° 90° 22.5°
| RANDOM JITTER 1 18 19 a1
2 SKY BACKGROUND 7 7 8 8
3  ELECTRONIC FILTER VARIATION 3 : 3 4 4
4 THRESHOLD CIRCUIT 5 5 4 4
VARIATION
5 RETICLE GEOMETRY 3 3 3 3
& THERMAL STABILITY 3 3 3 3
7  ALIGNMENT/CALIBRATION 10 10 10 10
ERI!ORS /cA ‘
B CLOCK STABILITY 1 ] ] 1
$ - OFFSET DUE TO FINITE IMAGE 15 - 15 15 15
SIZE ‘
RSS 23 27 28 37

Comparing the clock and cone angle detection process (Figure 5-9)

we ﬁote that clock angles are detected when the star image crosses the
radial slit, and cone angles when the image crosses the slanted slit of
the reticle. Since'thq rise time of signal pulses increases with the slant
angle, the cone angle measurements are more susceptible to random

jitter than the clock angle measurements.

The RSS error values in Table 5-5 reflect the variations due to
random jitter effect. In the most favorable case the RSS error is only
23 arc seconds but it increases to 37 arc seconds in the worst case shown.
A change in hali-cone angle to less than 22. 5 degrees would further in-
crease the total errors to values greater than 27 and 37 seconds in clock
and cone angle, respectively. However, as can be seen from the analysis
of encounter conditions (e. g., Figures 4-6 and 4-8) operation in that

region of cone angles is generally not required.
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Other significant error sources listed in the table are alignment/
calibration errors {10 arc seconds) and offset due to finite image size
(15 arc seconds). The effect of finite image size occurs only for mea-
surements at relatively close range and can be corrected by accounting
for the known image size of the target through a variable bias term

introduced into the navigational computer program as required.

In summary, these resuits show that the sensor can meet the
desired accuracy of navigational observation {0.1 mrad) under favorable
operating conditions. Under extreme conditions, e. g., a small half-
cone angle, the accuracy is degraded to 0.2 mrad which would reflect in
terminal guidance errors of 20 to 30 km (1¢) in cases where the iterated
terminal guidance process must be discontinued as early as 100 to 150 km
from the encounter because of high approach velocities. Under favorable
conditions the sensor can achieve terminal accuracies of the order of

10 km according to the results presented earlier in this section.

Improvement of overall sensor accuracy to meet a 0.1 mrad error
specification under all operating conditions would require considerable
refinement in optical design and signal detection and processing techniques.

This appears unwarranted by the results obtained in this study.

5.6.3 Operational Requirements

Principal operating modes of the star sensor and functional re-
quirements and constraints that govern its application in various mission

phases are briefly described in the following paragraphs.

1) Preparations for the asteroid acquisition and
terminal navigation sequence are started at
least two days in advance of the projected
acquisition time. The sensor is pointed at the
desired cone angle, and star data are trans-
mitted to earth for identification and selection
of reference stars. The exact aim point of
the spin axis and the exact cone angle of the
sensor's optical axis can be determined at
this time.

2) Since a high-telemetry bit rate is available
details of star and asteroid signals can be
transmitted to the ground to expedite early
asteroid detection and discriminate against
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3)

4)

5)

6)

false alarms. Actually the probability of false
alarms is extremely small under normal con-
ditions (10-8) and is not of much concern in
this application.

Under typical encounter conditions and for
distances greater than { million km, the asteroid
line-of-sight rotates at a rate of 0. 3 to 0. 6 degree
per day. The position uncertainty of the asteroid
reflects in 2 1o error circle of less than 1 degree
diameter.

Since the field of view is 3 degrees, resetting of the
sensor cone angle is generally unnecessary during
the initial acquisition and navigation phase. How-
ever, as target range decreases, a few reorienta-

. tions of the sensor will be required; e. g., at 10,5

km range, the rotation rate is 5 to 10 degrees per
day.

During navigational observations any residual
spacecraft wobble must be held to less than 0. 1
millirad. Precession maneuvers, to keep the
high-gain antenna pointed at earth, are ruled out
during that time. Such maneuvers can be per-
formed before or after the navigation phase., At
least one-half hour must be allowed after each
guidance maneuver iteration before resuming
navigational fixes, in order to let residual nuta-
tions subside below the 0.1 mrad level.

The instrument serves the dual function of
navigation sensor and star reference assembly.
During normal cruise operation the gimbal angle
of the sensor is set to a selected reference star,
e. g., Canopus, and adjusted periodically to
follow the star's apparent motion. The same
signal processing as in the navigation mode can
be used to generate the roll reference signal,
except the second star pulse is ignored. The
threshold setting is raised to discriminate against
stars fainter than the selected reference star.

The sensor cannot continue its nominal roll
reference function during the time prior to asteroid
encounter when navigational observations are
required. However, an alternate roll reference can
be selected from the reference stars used in the
navigational mode. This requires a modification of
onboard sequencing and data handling procedure.
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6. SPACECRAFT DESIGN

6.1 CONSTRAINTS AND SELECTION CRITERIA

As specified by the study guidelines, the mission is to be
implemented by adapting the Pioneer F and G spacecraft configuration to
the operational requirements of multiple asteroid flyby. Modifications
are to be held to a minimum. Considering the aspects of the mission
that require spacecraft capabilities not included in the Pioneer F and G
Jupiter flyby, the required principal design adaptations can be outlined
grossly as follows:

&  Addition of propulsion capability to meet
retargeting and terminal guidance requirements

. Addition of a terminal navigation sensor

® Change in payload instruments to meet the
scientific objectives of asteroid flyby.

Changes in the Pioneer F and G configuration aimed at providing
these principal adaptations lead to additional design modifications
(""'secondary adaptations'') which become necessary to assure system
integrity, to support the principal design changes and add-on capabilities,
and to facilitate the operation of the modified system as a whole. For
example, the provision of extra propellant capacity, by enlarging the
centrally located 16-inch tank to 26 inches, necessitates relocation of
equipment and requires enlargement of the eguipment bay as a secondary
‘adaptation. Another example is the support of higher telemétry rate
requirements which are introduced by the addition of a line-scan image
system to the scientific payload. This leads to an augmentation of the
communication system by a dual S-/X-band telemetry link as a seéondary

adaptation requirement.

However, the logic of design modifications illustrated by these
examples must not be a.llowe-d to spread into an overall redesign that
would be out of scope with the initial intention of holding such changes
to a minimum. Thus, the ground rule was adopted to limit spacecraft
modifications to those changes that are essential to accomplishing the
mission but to exclude others that would improve mission capabilities,

scientific data yield, etc. at considerable extra cost or added complexity.
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At the outset of the study it became apparent that many of the
required modifications already existed in the conceptual design of the
Pioneer Jupiter Orbiter Spacecraft, Configuration 1 (Reference 1-8),
These include:

. A propulsion capability for maneuvers up to

300 m/sec provided by 300 pounds of hydrazine
propellant

. A two-stage blowdown propulsion/feed system
with external ullage tanks

L An enlarged equipment bay necessitated by
the increase in tankage; and

e A dual X-/S-band communication system.

These features can be adopted essentially without change from the

Jupiter orbiter design study, thus saving new design and analysis effort.

An important programmatic consideration in the evolution of the
Pioneer spacecraft family is to provide maximum spacecraft design com-
monality for different missions in the late 1970's; Jupiter orbiter, Saturn
orbiter, and multiple asteroid or asteroid/comet flyby missions. This
objective is served by adopting as many design features of the Jupiter
orbiter configuration as possible, consistent with asteroid mission

requirements.

In keeping with the study guidelines, the extent and cost of
modifications from the baseline Pioneer F and G design was held within
reasonable limits by applying the following criteria to the selection of new
design features, new subsystem elements and new operating modes:

. The basic configuration dimensions and system
layout is to remain unchanged

. The configuration is to be compatible with the
Atlas fCentaur /TE-364-4 booster and a 10-foot
{Intelsat) shroud

‘. Dynamic balance and spin stability characteristics
. are to remain essentially unchanged by maintaining
the same mass distribution, e.g., with the center
of mass confined to the plane of the deployed RTG's
and the magnetometer boom
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L Launch, deployment, and cruise modes and
orientations of the spacecraft are to remain
essentially unchanged, including the stowage
and deployment concept

. Structural changes are to be held to a minimum,
with dynamic load paths essentially unchanged

. The thermal design is to remain essentially
unchanged, the thermal environment of the new
mission being actually less severe

e  Although power distribution and power budget
details are subject to change, the total power
requirements are to be met by the present
SNAP-19 RTG's

. The attitude control concept and implementation
is to remain unchanged, i.e., pointing accuracy
requirements during any mission phase are to be
limited to present Pioneer F and G capabilities

. Basic properties of electrical integration,
including control of EMI, magnetic cleanliness,
etc., are to remain essentially unchanged

L Test requirements are to remain essentially
unchanged

. System reliability requirements are to be no
more severe than in the Jupiter flyby mission,
in view of comparable mission durations

. Provisions for science payload accommodation
are to be comparable to those of Pioneer ¥ and
G with at least the same payload weight capacity
and power allocation. Instrurhent mounting,
deployment, and articulation may be modified
considering the difference in scientific mission
objectives and target observation requirements.

6.2 SCOPE OF THE DESIGN STUDY

A major part of the study effort was concentrated on mission
analysis and definition of system requirements. Consequently the effort -
devoted to spacecraft and subsystem design had to be limited in scope.

It included primarily the following tasks:

. Definition of the spacecraft design concept

L Identification of required changes from the
baseline Pioneer F and G configuration
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. Conceptual design of modified or added sub-
system elements

. Definition of payload instrument accommeodation

. Preliminary weight allocations and power budget.

Principal modifications of the baseline Pioneer system that are
necessary in order to meet asteroid mission requirements will be de-
scribed in greater detail than design features that remain basically un-
changed. The comprehensive descriptions of Pioneer F and G operational
characteristics to be found in Reference 1-8 and other Pioneer program

documents provide background and detail that is omitted in this report.

System modifications were studied in sufficient detail to establish
their feasibility within the constraints of the present state of technology.
In some instances, a reasonable growth of technology, or adaptation of
available new technology to routine spacecraft design was assumed to
provide improved design options and mission characteristics. With the
earliest mission date probably not before the end of this decade, further
advances in the technology of optical navigation sensors and line-scan

image systems can be reasonably projected.

In the absence of detailed subsystem design characteristics, and
with only a tentative selection of payload instruments possible at this
time, the weight and power allocations derived in this study are
preliminary, based on best estimates rather than detailed analysis. These
estimates were in part substantiated by extrapolationfrom Pioneer F and G
design characteristics and use of Jupiter Orbiter design data wherever
applicable.

6.3 SPACECRAFT CONFIGURATION

6.3.1 Configuration Layout

The proposed configuration of the Pioneer asteroid spacecraft is
illustrated in Figure 6-1. The side view drawing shows the spacecraft
in a stowed configuration, inside the dynamic envelope of the 10-foot
Intelsat shroud. The plan view, looking aft, shows the spacecraft with
stowed and deployed appendages. |

%

_Applicable design data and functional descriptions from TRW's Jupiter
Orbiter Study (Reference 1-8) are quoted or adapted in this report as
warranted by the context.
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Although the modified spacecraft retains the general geometrical
and structural layout of Pioneer F and G some differences are evident.
This is best illustrated by a perspective view of Pioneer F and G, shown
in Figure 6-2, in which the principal changes in design and payload com-
position adopted for the astercid spacecraft are indicated. For example,
outlines of the enlarged propellant tank and the extended equipment com-
partment are shown in the drawing by dashed lines. These design features
were adopted from the Pioneer Jupiter Orbiter since essentially the same

increase in propulsive capability is required.

The modified equipment bay of the asteroid Pioneer is shown in
Figure 6-3. The increased propellant tank and the addition of two
pressurant gas tanks necessitates rearrangement or relocation of com-
ponents which in the baseline Pioneer configuration are located close to
the center of the bay. The original arrangment of components in the
Pioneer F and G equipment compartment is shown in Figure 6-4 for

comparison.

To house some of the displaced equipment and to accommodate new
payload instruments a square-shaped box, 26 x 15 x 14 inches in size, is
- attached to the hexagonal center body on the side opposite the science
compartment of the original design. - The add~on compartment provides
convenient mounting space for the gimballed optical sensor assembly,
giving the sensors an unobstructed view over a large cone angle range

(see Figures 6-1 and 6-3).

6.3.2 Design Modifications

Several alternative approaches for distributing the increased
propellant and pressurant gas volume within the confines of the existing
central equipment compartment were investigated in the Jupiter Orbiter
study, The adopted configuration, using one large central propellant
tank and two external ullage tanks, is preferred because:

1) It accommodates the largest propellant mass
in the available volume

2) It minimizes tankage weight

2 3) It facilitates the use of a simple but efficient
two-stage blowdown technique for propellant
pressurization.
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Actually the tank size adopted for this configuration is about as
large (26-inch diameter) as it can be made without requiring significant
structural modifications, e.g., providing a greater separation of the
spacecraft upper structure from the equipment bay. This approach would
introduce considerable changes in mass properties and require costly

structural redesign.

The selected design approach requires less severe "secondary"
configuration changes. However, even in this case some structural
modifications are necessary to accommodate a 26-inch propellant tank at
the center of the equipment bay, in addition to providing the extra equip-
ment mounting space mentioned before:

o The spacing between the guide rods of each RTG

deployment arm must be increased to provide
the necessary clearance for the larger tank.

o A circular cutout must be provided in the center
of the equipment mounting platform so the bottom
of the tank can protrude by several inches.

® Similar cutouts must be provided in the top en-
closure of the equipment bay and in the center of
the 9-foot antenna dish.

¢ The support structure for the propellant tank must
be modified and supports for the new pressurant
gas tanks must be added.
The Jupiter Orbiter study has shown that these modifications do not
|

introduce any fundamentaldesign difficulties. The enlargement of the
equipment compartment requires only a modular change of the existing
spacecraft center body without affecting the remaining structure. The
small change in mass distribution caused by this addition does not affect

the mass balance significantly.

The protrusion of the propellant tank through a cutout in the antenna
dish has only a minimum effect on antenna performance which can be

neutralized by covering the tank top with RF-absorbent material.

Protective covers against micrometeoroid impact damage are re-
quired for the protruding top and bottom segments of the propellant tank,

This requires the addition of a circular honeycomb panel at the bottom
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which closes the open adapter ring. The addition of a similar meteoroid
shield on top can provide the desired RF-absorbent cover to neutralize

distortions of the antenna beam pattern.

A preliminary study of the micrometeoroid impact hazard during the
asteroid belt cruise was performed to determine whether additional
shielding is required. The results, summarized in Appendix C indicate
that the probability of damaging meteoroid impact in this mission is
actually somewhat smaller than during the comparatively much shorter
asteroid belt crossing of the Jupiter Pioneer missions. Actually, the
particle impact count observed by the present Pioneer 10 mission on its
way through the asteroid belt reveals a much lower flux than i'la.d been
anticipated on the basis of published models of meteoroid spatial density
in the asteroid belt. Consequently, no requirement for additional.
protection of the asteroid Pioneer against micrometeoroid damage is.

foreseen.

6. 3.3 Configuration Detail

The arrangement of deployable structures (RTG support arms and
magnetometer boom) and the deployment procedure are the same as for
Pioneer F and G and the Jupiter Orbiter. The deployed maénetometer
boom augments the mass balance of the spacecraft, and, in combination
with the wobble damper mounted at its root, provides the principal

mechanism for suppression of nutation effects due to perturbing torques.

The spin axis orientation and desired precession maneuvers are
controlled in the same manner as in Pioneer F and G, by two axial
thruster clusters mounted on opposife sides of the spacecraft, near the
rim of the high-gain a.nten;na. dish. One of the two thruéter assemblies
includes a pair of spin/deSpin thrusters which are oriented circumferen-
tially and control the spin rate during the initial deployment sequence and
during the rest of the mission. {Unlike the Jupiter Orbiter the space-
craft does not require a spin rate increase during main thrust phases,

since the axial thruster has a much smaller thrust level.)

Rt Trajectory control is exercised by a pair of axial thrusters as in
Pioneer F and G and by radial thrusters that have been added in this

configuration to the thruster assemblies on both sides. The radial
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thrusters operate in a pulsed thrust mode over a 60 to 90-degree arc of
the spin cycle. They are mounted at a cant angle of 12 degrees relative
to the positive and negative Y-axes such that the line-of-action passes

through the nominal c. g. location to minimize precession effects.

The main impulse for retargeting maneuvers is provided by an
axial 5-1bf hydrazine thruster located inside the adapter ring near the
bottom of the propellant tank. As shown in the design drawing (Figure 6-1)
the thruster is offset from the spacecraft center line such that the line-of-

action passes through the nominal c. g.

The gimballed optical sensor used to perform terminal navigation
and to generate roll reference pulses is mounted on the side of the equip-
ment platform, replacing the stellar reference assembly of Pioneer F
and G, as shown in Figures 6-1 and 6-3. The gimbal rotation covers a

cone angle range of 50 to 165 degrees.

Although normally shaded by the antenna dish from direct exposure
to the sun, the sensor is equipped with a light shade for protection against
reflected light. The light shade also protects the sensor against direct
sunlight under the rare conditions where the sun-spacecraft-earth angle
exceeds 30 degrees. The small (4. 2-degree) circular field-of-view of
the instrument simplifies the design of the light shade and reduces its
size compared to that of the stellar reference assembly used in

Pioneer F and G.

6. 3.4 Accommodation of Science Payload Instruments

Additional modifications of the baseline Pioneer configuration are
required for accommodation of the payload instruments including instru-

ment placement, orientation, protection, and deployment.

The payload proposed for the asteroid mission (see Section 2)

includes these instruments

Image system
#
Photopolarimeter

%*
IR radiometer

. @ & o

e
Asteroid/meteoroid detector

% .
Also carried by Pioneer F and G.
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L4 Magnetometer (Also carried by Pioneer F and G.)
. Microparticle ionization analyzer
¢ Plasma wave detector

L Gravity gradiometer

Instrument dimensions are not firmly defined at this time, and the

arrangement shown in Figures 6-1 and 6-3 is to be regarded as tentative.

As shown in Figure 6-3 the three optical instruments (line-scan
imaging system, photopolarimeter, and IR radiometer) that must be re-
oriented repeatedly during the asteroid encounter are mounted on a com-
mon drive shaft and rotated by a single actuator. The sensors are
arranged on opposite sides of the add-on equipment compartment, in a
location normally shaded by the antenna dish. An unobstructed view over
a cone angle range from 60 to 170 degrees is available, as illustrated by
View A<A. The design of the light shades that protect the sensor
assemblies against direct and reflected sunlight is illustrated in the

figure.

The astercid/meteoroid detector (Sisyphus) is retained in the
same position and on the same support structure as in Pioneer F and G,
with the centerline pointing at 135-degree cone angle. This location is
compatible with the proposed enlargement of the equipment platform and

with gimbal rotation of the optical sensors.

The microparticle ionization analyzer is 32-inches long and has a
baseplate of 14 inches diameter. Because of its dimensions and orienta-
tion requifement this instrument is stowed under the equipment platform
during launch, (see Figure 6-1, View B-B). A fixed-orientation is
suggested for simplicity. However, several reorientations of the instru-
ment during the mission around the deployment hinge would enhance the
scientific data return because of the changing flux direction of micro-

meteorites relative to the spacecraft.

The magnetometer boom is of the same length as in the Pioneer F
and G spacecraft. A greater boom length may be preferred to reduce
magnetic cleanliness requirements of the spacecraft center body and the
electromechanical drive assemblies used by the navigation sensor and

thé\-"optical payload sensors. A longer boom would also improve the mass
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balance by compensating for the extension of the payload platform on the

side opposite the boom.

The plasma wave antenna shown in the plan view of Figure 6-1 can
be conveniently deployed along with the magnetometer boom from its

folded and stowed position,

The gravity gradiometer is housed in a 12 x 3-inch cylindrical can
mounted inside the payload bay in a location no longer occupied by payload
equipment in the modified design (see Figures 6-3 and 6-4). Its spin
axis should ideally be aligned with the spacecraift spin axis to minimize
cross coupling or bias effects. Misalignments due to uncertainty of the
actual Pioneer spin axis orientation can be detected and compensated by
measurements in flight. Similarly, any bias due to centrifugal effects at
the mounting location of the instruments can be calibrated in flight. This
bias is only an indirect influence on gradiometer measurements as a

result of non-zero transverse bearing loads.

6.3.5 Functional Block Diagram

The functional block diagram shown in Figure 6-5 is very similar
to that of Pioneer F and G, with the basic electrical design concept
essentially unchanged. Required modifications and additions are indicated

by cross-hatching.

Principal modifications in individual subsystems and interfaces are “

summarized as follows,

The major change in communications and data handling is the
adoption of dual-mode S-/X-band telemetry to provide the large downlink
data rates necessitated by the improved line-scan image system. This

design modification was already adopted for the Jupiter Orbiter.

The digital telemetry unit is changed accordingly, and a high-data
capacity solid-state data storage system is substituted for the 50 kbit
core memory of the baseline design. This data storage system is used
as a buffer for image system data that are acquired at a duty cycle of

1:60 and read out continuously by the telemetry system.

With a different complement of payload instruments and cha.nged.

observation modes the command sequences and command distribution
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functions must be modified. Onboard data processing is used to update
the stored optical sensor pointing program. The addition of an onboard

computer can thus be avoided.

The attitude control system uses the same control modes and con-
trol sequence logic as the baseline system. However, the replacement of
the baseline star reference assembly by a gimballed star mapper requires
modifications in the control electronics assembly. This sensor must be
controlled to provide clock angle reference pulses during the cruise mode
as well as terminal navigation fixes during the pre-encounter mode.
Attitude changes for major guidance maneuvers are controlled in the same

manner as in Pioneer F and G and the Jupiter Orbiter.

The block diagram of the propulsion system shows the modifications
required for the increased maneuver capability and additional thrust

modes of the asteroid spacecraft.

Modifications of subsystem interfaces occur in many areas of the
system as a result of the changes described above. The modifications
involve primarily the flow of command signals and telemetry input data,
The changes also affect power distribution and control, although the
power subsystem configuration is left essentially unchanged. New inter-
face functions are also introduced by the articulated sensor packages ﬁot

carried by the baseline spacecraft or the Jupiter Orbiter.
6.4 MASS PROPERTIES

6. 4. 1 Weight Summary

A weight breakdown for the asteroid spacecraft was obtained by
using weight elements of Pioneer F and G and of the Jupiter Orbiter as
"a basis and estimating incremental weight changes due to addition of
components or due to increase in size, structural support requirernenf:s,
etc. A more direct weight estimate of every component could not be

determined within the framework of this study.

Table 6-1 gives the preliminary weight breakdown (W,) of the
asteroid spacecraft compared to Pioneer F and G (weight elements (Wo),

and the Jupiter Orbiter (weight elements W 1). The table also lists the

weight increments AW’1 and AWZ by which the weight estimates W1 and W2
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Table 6-1. Electric Power Requirements (Watts) (Steady Loads)
PIONEER JUPITER ORBITER MAF
SUBSYSTEMS F&G CONFIGURATION 1 SPACECRAFT REMARKS
W AW W aW W
o 1 1 2 2
ELECTRICAL POWER 39 39 39
COMMUNICATIONS 23 +2} 25 +5 30 X-BAND ADDED
ANTENNAS 46 (+5) 51 51 WAVE GUIDES AND SWITCH
DATA HANDLING . 12 12 +5 17 ADDED DSU
ELECTRICAL DISTRIBUTION 36 (+4) 40 40 INCREASE CABLING AND CDU
ATTITUDE CONTROL 13 . “2) 15 +3 18 ADDED NOZZLES
GIMBALS PLUS ACTUATORS +15 15
PROPULSION (DRY) 23 {435) 58 + 64 LARGER TANK PLUS THRUSTER
THERMAL CONTROL 16 42) 18 +3 21 INSULATION FOR ADDITIONAL
: COMPARTMENT EXTERNAL
PAYLOAD
STRUC TURE
RTG SUPPORT 22 22 22
PRIMARY 43 7 50 45 55 L ARGER COMPARTMENT PLUS
REINFORCED SUPPORT
SECONDARY AND METEOR- 39 (+2} 41 43 44 TANK METEOROID PROTECTION
OID PROTECTION
BALANCE WEIGHT PROVISIONS ? (+5) 14 14 HEAVIER SPACECRAFT
RTG'S 120 _ 120 — 120
SUBTOTAL 441 (+64) 505 +45 550
SCIENTIFIC INSTRUMENTS 66 (+4) 70 +5 75 ADDED INSTRUMENTS
SPACECRAFT {DRY) 507 %8) 575 +50 625
UNUSABLE PROPULSION AND 2 ? 9
PRESSURANT — — —
SPACECRAFT 509 584 634
USABLE PROPELLANT 59 295 340
SPACECRAFT (WET) 568 879 974
ADAPTER 30 40 A0
GROSS SYSTEM 598 919 1014




" differ from the corresponding values in preceding columns. Principal
causes of each weight increment are listed in the last column of the
table.

Specific weight assumptions require additional explanation.

1) Larger size subsystems are reflected by weight
increments AW, for communications (larger
transmitter power), propulsion dry weight
{larger tank but smaller main thruster), and for
additional structural support and thermal control.

2) Addition of components is reflected by weight
increments &W, in data handling (addition of
interface equipment and accommodation of high
data rates in DT U), attitude control (radial
thrusters, gimbal drives)} and secondary structure.

'3) No weight increments &W, are shown for subsystems
that are unchanged from lgioneer F and G or the
Jupiter Orbiter such as power subsystem and RTG's,
antenna, and electrical distribution.

As a result the total increase EAWZ in dry weight excluding science
payload, is conservatively estimated as 45 pounds. This adds to the
increase EJAﬁW1 = 64 pounds already accounted for in the various modi-
fications that were adopted for the Jupiter Orbiter. Thus, the dry weight
(excluding payload) of the asteroid spacecraft is estimated to be increased
by 109 pounds, or 25 percent, from the corresponding value (441 pounds)

of Pioneer F and G. A total of 75 pounds is allocated to science payload.

The gross system weight of the asteroid spacecraft amounts to
1014 pounds, including a 40-pound weight allowance for the spacecraft

adapter. The corresponding launch hyperbolic excess velocity is
7.6 km/sec (C3 = 58 kmzlsecz).

Note that in comparing these weight characteristics with performance
data presented in Section 3 (see Figures 3-3 and 3-7) allowance should be
made for the weight difference of the spacecraft adapter (40 pounds) which

was not included in the preliminary performance calculations.

~. . 1t should also be noted that the gross weight and payload character-
istics listed in Table 6-1 represent conditions for a ""'nominal" mission

requirement. The specific AV and Vm requirements of a selected mission
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may not require all of the nominal propellant load (340 pounds) or all of
the injected weight capability of the launch vehicle at a specified value of
Voo
The performance data in Section 3 were calculated assuming a
highly conservative IS value of 215 seconds. With a more realistic Isp
value of 225 seconds a net payload weight margin of about 40 pounds
above the values in Figures 3-3 and 3-7 can actually be realized for a

specified AV requirement and a given propellant load.

6. 4. 2 Estimated Mass Properties

The spacecraft moments of inertia Lo Iy’ IZ, and c. m. locations
of the Pioneer asteroid spacecraft are very nearly equal to those of the
Pioneer Jupiter Orbiter since the only significant mass distribution
difference between the two vehicles involves masses that are located at
or very close to the respective spacecraft centers.

The validity of this statement is substantiated by comparing

moments of inertia of the Pioneer F and G and the Jupiter

Orbiter, which differ more significantly in configuration

than the Jupiter Orbiter and the asteroid spacecraft.

Table 6-2 shows that the moments of inertia of the heavier

Orbiter spacecraft are only from 3 to 10 percent larger

than those of Pioneer F and G. The last column in the

table shows how strongly the contribution of the deployed

masses (RTG's and magnetometer boom) dominates the

moments of inertia, thus masking the lesser effects of mass

distribution changes near the center.

The approximate mass properties of the asteroid spacecraft
(based on the Jupiter Orbiter data) are listed in Table 6-3 for several

stages of spacecraft deployment, and for start and end of mission life.

Table 6-4 lists the limits that have been established for mass
property parameters such as moment-of-inertia ratios and c¢. g. locations
in order to satisfy pointing accuracy and dynamic stability requirements.
All of these limits are satisfied by the spacecraft mass properties given
in Table 6-3.
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"I%ble 6-2. Moments of Inertia for Pioneer F and G and Jupiter Orbiter (slug—ftz)
L ,

1 2 3 4
PIONEER F/G | JUPITER GRBITER |DEFLOYED APPENDAGES ONLY] % CONTRIBUTION ON 2
l, 284 294 260 88
I 180 202 170 B4
L 434 481 320 70
Table 6-3. Jupiter Orbiter - Mass Properties Estimate
uo(;.em OF IERTIA | | M 2 /z
= 5 LUG FEET z z !
WEIGHT | X 7. L K = (K K
aBs) | (N | ONL) Ix Y iz Ix [ty Xy
AT IGNITION OF 3188 | o 20.4 R % | 0.3 | 0.33 .33
TE Jod~4 MOTOR
AT TE 344 oo 0 9.3 185 | 188 120 | 0.6 C.ok | G.6¢
BLRNOUT
SPACECRAFT STOWED &9 | 0 18.6 73t 74 nz | 153 1.5 1.52
AT START OF LIFE g9 | 4.2 18.6 294 202 @l 157 | 2.28 .84 0.85
ATEND OF LIFE 584 | 4.3 15.6 290 | 200 w0 | 1% | 2.3 .86 0.5

" LONGITUDINAL CENTER OF GRAVITY FROM SEPARATION



Table 6-4. Mass Properties Requirements

® SPACECRAFT PLUS THIRD STAGE
e LIMIT THIRD STAGE INJECTION ERRORS:
— SPACECRAFT C.G. OFFSET <0.050 INCH
—  SPACECRAFT SPIN PRINCIPAL AXIS | TO Z <0.003 RADIAN
— SPACECRAFT PLUS THIRD STAGE lzﬂx, IxﬂY <0.90

® STOWED SPACECRAFT
o ATTITUDE STABILITY:

@ DEPLOYED SPACECRAFT
o  ATTITUDE STABILITY:
2z
Ty Ty
e  LIMIT CRUISE MODE POINTING ERROR: SPIN PRINCIPAL AXIS [|TO Z <0.15 DEGREE

e LIMIT POINTING ERROR DURING 4V: €.G. X-Y LOCATION KNOWN TO:

- <1.6 INCH FOR CONFIGURATION 1 AND
—  <0.10 INCH FOR CONFIGURATION 2
e LIMIT NUTATION DURING PRECESSION: K = K, +0.05

(s 2o
A N VI ¥

> 1.1

6.5 DYNAMICS

The dynamic characteristics of the selected asteroid spacecraft
configuration are the same as those of the Jupiter Orbiter since the mass
properties are practically identical, as discussed in the preceding section.
In all cases where perturbing effects on the asteroid spacecraft are equal
the results of the Jupiter Orbiter dynamic analysis remain valid and are
summarized in this section. However, in some cases the perturbing
torques acting on the spacecraft, and hence the dynamic responses, are
an order of magnitude smaller because of the reduced axial thrust level

(5 1Ibf compared to 50 1bf). These cases will be treated separately.

6. 5.1 Attitude Stability and Pointing

The Pioneer F and G scheme of spin stabilization is used to maintain

inertial orientation of the spacecraft's Z axis.
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Spin is initially provided by a Centaur-mounted spin table which
spins up the spacecraft and third stage to approximately 60 rpm. During
the first three minutes after Centaur separation, including 45 seconds of
TE-364-4 thrusting and a two minute and 15 second wait period for residual
thrusting to decay, the spacecraft is spinning about an axis of minimum
moment of inertia. In this configuration, energy dissipation due to pro-
pellant sloshing causes nutation to increase. Starting with a nutation angle
of 2.5 degrees induced by third stage thrusting this will increase the angle
by less than 0.5 degree. |

After third stage separation, the spacecraft spins about an axis of
maximum moment of inertia, and the propellant motion causes nutation to
decay. During the approximately three-minute period after spacecraft/
third stage separation, before the RTG's are deployed, the nutation angle
will be reduced to 2.5 degrees.

The spacecraft continues to spin about the axis of maximum moment
of inertia aiter the appendages are deployed. Since the deployed append-
ages are quite flexible, the simple stability criterion that requires the spin
axis moment of inertia to be maximum is no longer sufficient to ensure
attitude stability. However, with mass properties and appendage
dimensions that are almost equal to the Pioneer F and G values, it can be

concluded that the spacecraft is stable by similarity.

Alignment of the spin axis with respect to the theoretical centerline
is achieved by pre-launch balancing of the stowed, empty spacecraft and
properly locating and aligning the consumables and deployables. The
approach for maintaining dynamic balance is the same as that used on
Pioneer F and G and in the Jupiter Orbiter. It has the following features:

® All deployables and consumables are located
at the same Z-~level as the spacecraft c. g.

¢ Combined RTG and magnetometer deployment
moves the spacecraft c. g. perpendicular to the
Z axis in the -X direction. ‘

The spin axis misalignment is given by

€spin axis 57.3 Ixz/(lz - Ix)
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WithI -1 = 166 .slug--ft2 and a product of inertia uncertainty I = 0.33
slug-ft~ (RSS estimate) as derived for the Jupiter Orbiter the estimated
spin axis misalignment is 0. 12 degree. This is within the tolerance of

0. 15 degree allowable for Pioneer F and G.

6. 5.2 Third Stage Injection Errors

Accuracy of third stage injection is dependent upon mass properties
of the combined third stage/spacecraft vehicle, thrust vector misalignment
with respect to the vehicle c¢. g., and spin rate. Itis assumed here that
the spin rate is 60 rpm and that the mass properties requirements given

in Section 6. 4 are satisfied.

For a conservatively estimated body-fixed, transverse torque of
14, 900 pounds x 0. 10 inch = 1490 inch-pound (assumed constant through-
out the entire thrusting duration) the injection errors will not exceed the

following values (see Jupiter Orbiter study):

. Angular dispersion of AV vector = 0. 48 degree
¢ Reduction in magnitude of AV vector = negligible
¢ Nutation angle (from thrust misalignment only) =
2.5 degrees.
Correction of the velocity vector misalignment is well within the capability

of the spacecraft.

Assuming that the 2. 5-degree nutation angle is not reduced by pro-
pellant motion, ‘the spacecraft nutation angle present after third stage
separation and despin will increase to 3. 2 degrees. Appendage deploy-
ment can easily be accomplished with this nutation angle. (Pioneer F and

G can deploy appendages with an initial nutation angle of 10 to 15 degrees. )

6. 5.3 Nutation Damping

Since the nutation damper design, the magnetometer boom, and the
spacecraft mass properties have remained essentially unchanged, approxi-
mately the same nutation damping characteristics as for Pioneer F and G
will be achieved; i. e., a damping time constant of 10 minutes or less at a

5 rpm spin rate.

6.5.4 AV Maneuvers

Pointing and spin rate errors will occur during maneuvers performed

with the 5-pound main axial thruster or with the auxiliary axial and radial
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AV thrusters. The errors are caused by body-fixed torques resulting

from thrust vector-to-c. g. misalignments.

The main axial thruster produces a misalignment torque equal to
(thrust) x (one-half of nominal X-axis travel of ¢. g. ) or 5 pounds x

i{.{ inch = 5.5 inch-pound.

The canted radial thruster produces a torque equal to (thrust) x
(Z-axis offset of c. g.)x (cos §) where 6§ = {2 degrees is the thruster cant
angle relative to the Y-axis. This misalignment torque is 1.5 pounds x

1 inch = 1.5 inch-pound.

The auxiliary axial AV thrusters produce an unbalance torque re-
sulting from force unbalance and Y axis offset of the c. g. The estimated

torque is 1.5 inch-pound.

Maximum pointing errors occur when the propellant tanks are nearly
empty. At that time, the inertia ratios I /I_and I /I are minimum, and
z' % z' 'y

the thrust vector-to-c. g. offset is maximum.

A bound on the oscillating pointing error occurring during the AV

maneuver is given by

o < B7.3 2T
. I -1 38
P9
where
is the pointing error {(degree)
T is the transverse torque (ft-pound)
I,I are spacecraft moments of inertiaz with tanks

empty (slug-ftZ)
S is the spin rate (radians/second}.

After the thrust is terminated, the wobble portion of & will decay ex-
ponentially witha time constant of less than ten minutes leaving a residual

‘pointing error 8, which is bounded by the expression

2T
B <57.3
Izs2
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Evaluating these equations using the torques indicated above and
moments of inertia given in Section 6. 4, the following representative

values of @ and 8 are obtained (see Table 6-5}.

Table 6-5. Maximum Pointing Errors (Degrees)

MAXIMUM POINTING RESIDUAL AFTER

ERROR DUE TO ERROR DURING
MANEUVER (@) NUATION DECAY (8)

MAIN AXIAL THRUSTER (5 L8B) 1.0 ¢.5
MISALIGNMENT TORQUE
RADIAL THRUSTER (1.5 LB) 0.3 0.15

MISALIGNMENT TORGQUE

AUXILIARY AXIAL (0.75 LB) 0.3 0.15 !
UNBALANCE TORQUE

Considering the low level of these pointing errors compared to those
experienced by the Jupiter Orbiter at low-spin rate, a spinup maneuver
prior to a main thrust phase which was proposed for that configuration
to control pointing errors is not required in the case of the asteroid

spacecraft,

Analysis of spin rate changes due to thrust misalignment torques
shows that for the small thrust level used in this spacecraft these changes

do not exceed 0. 02 rpm and therefore present no problem.

6.5.5 Optical Sensor Pointing

The question of optical sensor pointing accuracy arises in two areas:

1) Accuracy of navigational fixes by the star mapper

2) Perturbations of spacecraft attitude due to rapid
rotation of the optical science sensor package
during the critical phase of an asteroid encounter.

The first problem involves holding the observational errors due to
residual wobble to a level of less than 0.1 mrad. This can be met by
allowing the spacecraft to settle into a steady state with negligible wobble
errors after each attitude perturbation. Residual pointing errors present
no problem since they have no influence on the accuracy of the navigational
observation,
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The second problem involves the precession and nutation effects
resulting from angular momentum exchange during rapid rotation of the
sensor package. Mass distribution changes can be ignored because of the
small mass of the sensor package and its location close to the c. g. of the

spacecraft.

The requirement for control of pointing errors and residual nuta-
tions during the close approach phase is not stringent, and errors of
several milliradians can be accepted without causing degradation in
asteroid imaging. The worst case momentum exchange effect occuring
under maximum sensor slewing rates of 5 deg/sec is actually less than
0. 25 mrad.

Optical sensor pointing erreors due to spacecraft dynamics have been
evaluated and will be discussed in Section 7. 2. In all cases considered,
these errors can be reduced to levels compatible with pointing accuracy

requirements of the mission.
6.6 POWER REQUIREMENTS

Table 6-6 lists estimated power requirements of the asteroid
Pioneer spacecraft at various mission phases. These requirements can
be met by the present SNAP-19 RTG power sources as will be discussed
in Section 7, The total power requirement varies from 78.2 W as a
minimum, with only cruise science instruments {(16.6 W) operating, to
126 W during the pre-encounter/encounter phase when the entire payload
complement (30,3 W) is turnéd on, ' These estimates represent only the
steady loads, During the first two years of operation, the four SNAP-19
RTGs provide a satisfactory power margin (130 watts two years after
launch). After this time, with available power becoming marginal
some of the less essential experiments may be turned off, unless enough
battery power is available to augment the power supply during the short

period of an encounter,

Estimated pulse loads (adapted from Pioneer F and G) are given
below to indicate typical requirements, None of the pulse loads need
overlap since they are all commanded separately, The peak pulse is due
to ci;;ﬁging transmitters or receivers between antennas, The auxiliary

thruster will be used intermittently throughout the mission, while the

6-29



Table 6-6. Estimated Power Requirements by Mission Phase

nd 4004 40

¥ #OVd TVNIOIYO

1

0€-9

PRE-E
EQUIPMENT LAUNCH | CRUISE-DORMANT | CRUISE-XMIT | CRUISE-RECEIVE “ENCQSSE’ggER
DIGITAL TELEMETRY UNIT 3.8 3.8 3.8 3.8 3.8
DIGITAL DECODING UNITS 1.0 1.0 1.0 2.0 1.0
DATA STORAGE UNIT 5.0 5.0 5.0 5.0 5.0
RECEIVERS (2) 3. 4 34 3.4 3.4 3. 4
TRANSMITTER DRIVER .0 1.0 1.0 1.0 1.0
CONSCAN {2 t.2 1.2 1.2 1.2
SUN SENSOR 0.5 0.5 0.5 0.5 0.5
CONTROL ELECTRONICS ASSEMBLY 2.7 2.7 2.7 2.7 2.7
OPTICS POINTING ELECTRONICS 0.5 0.5 0.5 0.5 0.5
STAR SENSOR 1.0 .0 1.0 1.0 1.0
COMMAND DISTRIBUTION UNIT 1.6 36 3.6 4.6 3.6
SUB-TOTAL (CTRF QUTPUT) 23. 8 23.8 23. 8 25. 7 23.8
CTRF LOSSES {63% EFF) 3.9 3.9 13.9 15. 1 3.9
CTRF INPUT 37.7 37.7 37.7 40. 8 37.7
PROPULSION TRANSDUCERS 0.2 0.2 0.2 0.2 0.2
PROPULSION HEATERS 2.0 2.0 2.0 2.0 2.0
$-BAND TRANSMITTER 4.0 4,0 4.0 4.0
X-BAND TRANSMITTER 25. 0 25.0 25.0
(T W R-F, 28% EFF)
GIMBAL DRIVE 2.0 2.0 2.0 2.0 2.0
COMMAND DISTRIBUTION UNIT 0.2 0.2 0.2 0.2 0.2
PCU LOSSES 3.0 3.0 3.0 3.0 3.0
EXPERIMENTS 16. 6 16. 6 16. 6 30. 3
SUB-TOTAL 74. 1 65.9 90. 7 64.8 104. 4
CABLE LOSSES (2% OF LOAD) 1.5 1.4 1.8 1.3 1
7 67. 1 92. 5 66. 1 106. 5
RTG INVERTER LOSSES (88% EFF) 9.1 12. 9.1 14. 7
86.0 76. 2 105. 4 75,2 121
RTG CABLE LOSSES {4%) 3.4 3,0 4.2 3.0 4
VEHICLE TOTAL POWER 89. 4 79,2 109, 6 78.2 126, 0




Function . Watts

Experiment 5-8

T ransfer switch (commanded switching 14
between antennas) (50 millisec)
Thruster pair (every firing) 11,2
Main thruster 10
Battery heater 1.6

main thruster (which requires about ten watts) is operated only ﬁvice
during the mission, This thruster will never be fired simultaneously
with the auxiliary thruster pairs, thus the two peaks can be kept separ-
ated, If the combined steady and pulsed power requirements should
exceed the available power as augmented by the battery, equipﬁent or

experiments will have to be temporarily shut down.
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7. SUBSYSTEMS

This section discusses the subsystems of the multi-asteroid
mission spacecraft and describes the principal modifications from ex-
isting Pioneer F and G hardware and from design concepts developed for
the Pioneer Jupiter Orbiter (Configuration 1). Emphasis in this discus-
sion will be on subsystems with major modifications that are dictated by
the asteroid mission objectives and operating modes. Subsystems with

modifications of more routine type will be described in less detail.

The principal concern in the subsystem study, as in the overall
spacecraft design, has been to limit the extent and cost of modifications
while insuring that the basic mission objectives can be met. As the
results presented in the preceding sections have shown, this economical
approach in system adaptation is reflected by some constraints on mis-
sion performance, and on selection of mission parameters, none of which

are so severe as to compromise the scientific value of the mission.
7.1 PROPULSION SUBSYSTEM

7.1.1 General Approach

The propulsion subsystem is designed to perform attitude control,
midcourse trajectory corrections, retargeting, and terminal maneuvers.
As discussed in Section 3, the total maneuver requirements range from
850 to 950 m/sec depending on the particular asteroid mission profile
selected. The basic objective of the study was to identify a minimum
risk approach that meets the mission requirements while utilizing as
much of the existing Pioneer F and G propulsion system hardware as

practical.

Pioneer F and G uses a simple blowdown hydrazine propulsion
system. Trajectory and orientation control is exercised by axial and
circumferential thrusters mounted in two clusters on opposite sides of
the spacecraft near the rim of the high-gain antenna. The axial thrusters
are operated in the continuous thrust mode to provide fore and aft AV
corrections, and in the pulsed mode to precess the spacecraft spin axis.
The circumferential thrusters are used to change or adjust the space-

craft spin rate.



This control thruster configuration can be adopted without change as
part of the asteroid spacecraft propulsion system. A modification of the
overall system is required to provide the required larger propulsion
capability. For this purpose the modified propulsion system design of
the Jupiter Orbiter spacecraft can be adopted which has nearly the same
total maneuver AV capability as that required for the asteroid spacecraft.
This system fnust be augmented by the addition of a pair of radial thrusters
that can be integrated with the thruster assemblies of the Pioneer F and G

configuration.

Radial thrust, exercised in a pulsed thrust mode in combination with
axial thrust, permits maneuvers in any direction without requiring a re-
orientation of the spacecraft. This is an essential propulsion mode re-
quired for the asteroid spacecraft in contrast to the baseline Pioneer and
the Jupiter Orbiter, because of the frequent small maneuvers that must

be performed in this mission.

7.1.2 Propulsion Requirements and Constraints

The propulsion subsystem is required to provide impulse for
attitude control and AV maneuvers, similar to the Pioneer F and G sub-
system. For the asteroid mission however, the subsystem must provide
additional impulse for retargeting and terminal guidance maneuvers.
This added requirement dictates a significant increase in the propellant
load relative to Pioneer F and G, and has a significant impact on the

propulsion subsystem design.

Compared to the Jupiter Orbiter mission which has a similar total
AV requirement, the thrust requirements for the asteroid spacecrait

differ primarily in two respects:

1) Thrust time for the major trajectory changes
{AV = 600 m/sec for retargeting) is not a
critical factor and does not have to be limited
for thrust effectiveness reasons as in the orbit
insertion maneuver. Hence, a much smaller
thrust level than the 50 1bf main thrust selected
in the Jupiter Orbiter is sufficient for this
mission.



2) A large number of maneuvers, rather than only
a midcourse correction and a major maneuver at
destination, is required in the asteroid mission,
including two retargeting maneuvers, six or
more terminal guidance maneuvers, and several
trim maneuvers. This requires that an uncon-
strained thrust orientation capability be provided
without spacecraft reorientation, e.g., by a thrust
mode combining axial thrust and pulsed radial thrust.
Design constraints of the Pioneer configuration make the addition
of a thruster canted 12 degrees fromthe radial direction (78 degrees
cone angle) more convenient than a thruster in purely radial orientation,
Such a thruster can be added to the existing Pioneer control thruster

assembly.

The requirement for the addition of a pulsed off-axis (radial) thrust
capability to avoid frequent spacecraft reorientation, and hence, inter-
ruption of communications coverage via the high-gain antenna, is based
on the following considerations:

¢ The large number of AV maneuvers (212) required
during the mission, as explained above.

. Complications and possible risk to mission
success caused by repeated loss of telemetry.
Even the command link capability via the omni-
antenna could be lost if the earth-line were to
coincide with a null of the antenna pattern in
the reoriented spacecraft attitude.

) Critical timing of terminal maneuvers which
makes a time loss due to reorientation ma-
neuvers unacceptable.

. Complications involved in reacquisition of
reference stars and target asteroids by the
navigation sensor.

An exception to this reorientation constraint is pérmis sible only in
the case of the major retargeting maneuvers. Since these maneuvers
involve about two-thirds of the total AV capability of the spacecraft, the
loss in thrust effectiveness due to pulsed radial thrust‘opera.tion, in
combination with axial thrust, can be excessive and is generally not
acceptable. Losses in thrust effectiveness are caused by the vector

combination of axial and radial thrust components, by the finite length of



the thrust arc, (which results in a cosine-loss), and by the reduction of

effective ISP in pulsed operation. This will be further discussed below.

Precession and nutation effects that build up during a AV maneuver
as a result of thrust misalignment or unbalance must be controlled to
avoid loss of earth lock. Even with 5-band instead of X-band coverage
during the maneuver, permitting orientation changes of up to about +2
degrees, the precession and nutation effects limit the permissible mis-

alignment torques.

Residual nutations after each terminal guidance maneuver should
be minimized to limit wobble decay time so as to permit early resumption

of navigational fixes in iterated terminal guidance.

To permit accurate fixes the residual wobble angle must not exceed
0.1 mrad. This requires that a nutation darrfping time of about 5 time
constants {~ 1 hour) be allowed during which the wobble amplitude decays

from an initial value of 1 deg, to 0,1 mrad,

Trim pulses can be used to compensate for known thrust misalign-
ment effects and thus to minimize wobble. This requires that calibration
measurements be made from time to time during the mission to update

the correction program.

7.1.3 Alternative Approaches and Tradeoffs

7.1.3.1 Off-Axjal Thrusting

Alternative approaches for achieving the required off-axial thrust

capability include these options:

. Use the spin/despin thrusters in pulsed
operation, e. g., alternate thrusters operating
during opposite portions of the spin cycle, to
provide a thrust component perpendicular to
the spin axis.

¢  Add a pair of radial thrusters at 90-degree
cone angle in a location separate from the
present thruster cluster.

. Add a pair of canted radial thrusters to the
present thruster assembly using a cone angle
dictated by the location of this assembly in the
Pioneer configuration.



The concept of using the spin/despin thrusters was discarded
because of the unacceptably large precession side-effect produced by
repeatedly thrusting in the same inertial direction with a thrust offset
along the Z-axis. To compensate this effect an unacceptably large
additional thrust impulse by the precession thrusters would be required.
Considering the moment arms of the Pioneer configuration, this would
amount to about one-half the impulse expended to achieve the desired AV

maneuver, i.e., imposing a 50-percent maneuver penalty.

The second approach which requires the addition of purely radially
oriented thrusters was also discarded because of unfavorable installation
aspects. If these thrusters are mounted on the spacecraft center body in
the plane conﬁaining the nominal c. g. there is a potential interference with
spacecraft and payload functions due to exhaust plume impingement. In
any case, a location separate from the existing control thruster assemblie:
would necessitate additional propellant lines and cabling. This can be
avoided by integrating the radial thruster with the present assembly and

accepting a cant angle offset.

Addition of one canted radial thruster to each of the existing thruster
assemblies is desirable to provide redundancy and to double the radial AV
impulse obtainable per spin cycle. The thrust level of the pulsed radial
thruster should preferably be larger than that of the axial thruster to
provide effectively the same thrust capability in the two directions, The
proposed thruster has a nominal thrust level of 1.5 1bf. Thus, for a
t45-degree thrust arc of each thruster, the total effective radial thrust
impulse per revolution is equal to that of the pair of 0. 75 1bf axial thruster:

inthe present configuration.

7.1.3.2 Losses in Off-Axial Thrust Operation

Losses in propellant utilization that result from combined axial and

radial thrusting are due to

a) Vectorial addition of thrust components
b) Reduced Isp of pulsed thrust operation

¢) Effect of thrusting over a finite arc rather
than impulsively (cosine loss)



The vector combination loss varies with the desired thrust
orientation. It is zero for purely axial or purely radial thrust operation
(or in the case of a cant angle, for operation purely at this cant angle).
Maximum losses occur about halfway between the purely axial and purely

radial (or canted radial) orientations.

The combined Isp loss and cosine-loss can be minimized by an
appropriate choice of pulse duration, so as to avoid significant Isp losses
that would occur for very short pulses and significant cosine losses for
longer pulses. This is illustrated in Figure 7-1.. A 2-second pulse,
corresponding to a total thrust arc of 60 degrees, is nearly optimum with
Isp losses and cosine losses about 4 percent each. The combined loss
increases to about 12 percent for a pulse length of 3 seconds, i.e., a
total thrust arc of 90 degrees, due to the increase in cosine loss with

length of the thrust arc.
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The combined effect of these losses has been analyzed in a con-
current TRW study, and some of the results are presented here.*
Figure 7-2 shows the variation of thrust effectiveness under varying
thrust orientations in the spacecraft Z-Y plane. Thrust effectiveness is
expressed in terms of the effective AV increment obtainable per unit
propellant expenditure, normalized to the AV resulting from a purely
axial thrust. A reference circle of radius 1 is used to show the variation
of thrust effectiveness with thrust cone angle compared to the ideal case

of no losses.

SPIN AXIS SPIN AXIS
z z
n=1.0
<« L n=0.8
1% 1%
&V LOSS
p =78 DEG
C.M. | q
n=1.0
n=0.8
AXIAL PLUS AXIAL PLUS
PURELY RADIAL CANTED
THRUST RADIAL THRUST
NORMALIZED VELOCITY INCREMENT
P - CONE ANGLE OF &Vp &7, - DUE TO AXIAL THRUST
# - CONE ANGLE OF & AV, - DUE TO RADIAL THRUST

AVRC - DUE TO CANTED RADIAL THRUST

A7 - DUE TO AXIAL/RADIAL
THRUST COMBINATION

Figure 7-2, Velocity Increment's Due to Combined Axial
and Radial Thrust

The two diagrams shown in Figure 7-2 illustrate the cases of a
purely radial (left) and a canted radial pulsed thruster (right). The apex

of the triangles depicting the thrust effectiveness variation with cone

“From an unpublished report by W. J. Dixon, TRW Systems.
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angle would be at unity radius in the absence of pulse losses, as indicated
by dashed lines.

The triangles in Figure 7-2 also indicate the losses under out-of-
plane thrust conditions. One can visualize this by letting the triangle
rotate with the spacecraft around the Z-axis. This shows that the
variation of thrust effectiveness with cone angle does not vary with clock

angle.

If arbitrary maneuvers are considered where thrust orientations
are assumed to be equally likely in all directions, an average thrust
effectiveness coefficient p can be defined which takes the relatively higher
percentage of thrust requirements in radial directions compared to those
in axial directions into account. This implies averaging over all orienta-

tions on a sphere rather than over the cone angle only.

Figure 7-3 shows the average thrust effectiveness p as function of
thrust efficiency n. This parameter includes only the pulsed thrust losses

(ISP and cosine losses), e.g., N = 0.92 for a two-second thrust arc.
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Figure 7-3. Average Thrust Effectiveness for Combined Axial
and Radial Thrust with Arbitrary Maneuver Orientations
in Three Dimensions
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The curves in Figure 7-3 are shown for various orientation angles
8 of the canted radial thruster. We note that the cant angle offset of
12 degrees (8 = 78 degrees) has only a small influence on the average

value p compared to the case of zero cant angle (see also Figure 7-2).

We conclude from this discussion that combined AV losses of 25 to
30 percent are typical under the conditions assumed here. Since this
penalty only affects the small maneuvers for which a total AV of 150 m/sec
has been allocated, an allowance of 56 m/sec of extra AV capability is
adequate, or about 21 pounds of extra propellant. This allowance has been

included in the AV-budget shown in Section 3,7 (Table 3-3},.

We also note that in some instances off-axial thrust can be permitted
for major maneuvers if radial components are sufficiently small. Thus,
10 pounds of extra propellant expenditure would permit off-axis orienta-
tions of 6 or 8 degrees, and 20 pounds, 12 or 20 degrees in a 300 m/sec
maneuver, depending on whether the axial component is oriented fore or
aft. This amount of extra propellant may actually be affordable in ex-
change for avoiding spacecraft recrientation, depending of course on thé
total maneuver requirements of a selected mission. A low-AV mission

could afford this more readily.

7.1.3.3 Thrust Level Considerations

The thrust level of the Pioneer F and G axial control thrusters is
nominally 0.75 pound. This thrust level was adopted in the present de-
sign primarily to restrict the minimum impulse in small precession
maneuvers to a low level. If the thruster is used for axial AV-corrections,

the low-thrust level requires an extended thrust time.

Figure 7-4 shows the magnitude of the AV increment obtainable as
function of thrust acceleration level for various thrust durations. For
example, a 1-1bf axial thruster requires between 40 minutes and | hour
to achieve a velocity increment of 30 m/sec, depending on the amount of
propellant left, for a gross spacecraft mass of 1000 pounds. This thrust
duration is sufficiently short in mission phases where time is not critical.
During terminal maneuvers the AV-increments become successively
smaller as time-~to-encounter decreases, such that thrust durations

reduce to a few minutes for each residual velocity correction of 5 m/sec.
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The main axial thruster to be used for the large retargeting
maneuvers has a thrust level which was tentatively selected as 5 1bf. Two
considerations apply in the selection of this value: (1) extended thrust
times up to several hours are not serious because the maneuver is per-
formed at a non-critical phase of the mission. Thus, the large 50 1bf
thrust level selected for the Jupiter Orbiter deboost maneuver is not
required here, and the structural load on deployed appendages can be
reduced to a level where no reinforcement is required. The threshold
of required reinforcements is 0. 04 g for the RTG arms and 0. 09 g for
the magnetometer boom. (2) Excessively long thrust times during which
the spacecraft must remain in off-earth orientation can be avoided with
the selected 5-pound thrust level: Figure 7-4 shows that a 300 m/sec

maneuver requires only between one and two hours.



Reduction of thrust level also means a reduction of misalignment
torques that would cause nutation to build up during continuous thrust
operation. The maximum nutation angle during main thrust firing is
1.7 degrees corresponding to a disturbance torque of 0.5 ft-1b. For the
large 50 1bf thrust level required in the Jupiter orbit insertion maneuver
the nutations would become unacceptably large, and a spin-up to 10 to
15 rpm is required before thrust application. The smaller 5 1bf thruster

eliminates this complication.

During the main retargeting maneuvers the spacecraft is oriented
off the earfhline unless mission characteristics are exceptionally favor-
able, making reorientation unnecessary (see Section 3}. Small nutation
angles are desirable even in this mode, though not dictated by pointing
requirements of the high-gain antenna. A large nutation angle would
complicate the open-loop reacquisition maneuver that must be performed

after completion of the thrust phase.

7.1.3.3 Propellant Tank Size

Increase in propellant tank size to 26-inches diameter gives a total
usable propellant capacity of 340 pounds compared to 300 pounds for the
25-inch tank selected for the Jupiter Orbiter spacecraft. The extra one-
inch size introduces a small design complication, identified in the Jupiter
Orbiter design study: the load transfer to the 25-inch adapter ring upper
flange requires a slightly tapered instead of a cylindrical support structur
which must also be reinforced to support the heavier tank. On the other
hand, the more than {2 percent increase in propellant capacity achievable
by the small (four percent) increase in diameter provides a margin of
100 m/sec in total AV capability. In the discussion of performance char-
acteristics (Figure 3-3) it was shown that with a payload-weight/propellar
~weight exchange ratio of about 2:1 the 40 pounds of extra propellant make
a difference in payload capacity of about 80 pounds, which encompasses th

entire payload weight to be carried.

An upper limit to the tank size increase is dictated in part by the
tank mounting requirement which is governed by the spacecraft c. m.
location and the control of products of inertia, as discussed in Section 6.

Under this constraint the selected tank size requires a 20-inch circular



cutout in the center of the high-gain antenna dish, unless the structure is
changed to move the antenna dish upward. (This option was ruled out as
an unacceptably costly structural change.) With the dimensions of the
existing configuration a further increase of the tank diameter by one inch
would increase the cutout by 2.5 inches, a 27-percent increase in area
compared to the 20-inch cutout of the proposed design. Even without
analysis of the impact of such a modification on antenna characteristics,
it is apparent that a 26-inch tank size is about the largest that can be
accommodated without demanding significant additional structural

modifications.

7.1.3.4 Use of External Ullage Tanks

A detailed comparison of design options for distribution of pro-
pellant volume and pressurant gas volume was performed in the Jupiter
Orbiter study. As a result the configuration using two external pressurant
tanks rather than internal ullage was found to be preferable from a stand-
point of propellant capacity, weight savings and effective pressurization
of the hydrazine. This configuration was adopted for the asteroid

spacecraft.

The two external pressurant tanks permit the use of the simple but
efficient two-stage blowdown pressurization technique which raises the
average pressure of the unregulated system and thus achieves a signifi-
cantly higher average ISP value, Table 7-1 (from the Jupiter Orbiter
study) compares the characteristics of a single-stage blowdown, two-

stage blowdown and a pressure-regulation system.

Table 7-1. Pressurization System Characteristics

Single-Stage Two-Stage Pressure
Blowdown Blowdown Regulation
Impulse 91 percent 95 percent 100 percent
Complexity Least Nominal Most
Cost Least Nominal Most
Weight Least Nominal Most
Hardware status Available Available Available




7.1.4 Propulsion Subsystem Description

Adaptation of the blowdown pressurization, monopropellant hydrazine
system of the current Pioneer F and G to the asteroid spacecraft require-
ments was found to be the simplest most economical approach. The
propulsion subsystem schematic is presented in Figure 7-5. The recom-
mended modifications include a larger, 26-inch diameter propellant
storage té.nk, external pressurant tanks for two-stage blowdown (propellant
tank repressurization), a main axial and two canted radial thrusters. The
system retfains the current Pioneer F and G feed system components and
attitude control thrusters. Hydrazine technology is well advanced and
monopropellant systems are inherently simple. Therefore, they offer
low cost, and relatively short program schedules. These, in addition to
the adequate performance, make a hydrazine subsystem best suited for

this application.
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Figure 7-5. Hydrazine Propulsion System



The 340-pound propellant load is stored in a single tank located on
the spacecraft spin axis. This tank is of the same design as the Pioneer
F and G tank, except larger in diameter, and incorporates an EPT-10
expulsion diaphragm. Pressurant for two-stage blowdown operation is
stored in two external tanks of 9. 5-inch diameter. This size tank is
available from TRW's Intelsat III spacecraft program. One tank is
pressurized to 550 psia; the other is pressurized to approximately 2000
psia and isolated from the 550 psia system. As propellant is used, the
ullage volume increases and the pressure drops accordingly. After
approximately 50 pounds of hydrazine is expelled, the ullage volume and
low-pressure system pressures are at a point where the high-pressure
tank isclation valves can be actuated open onboard or by ground command.
(See Figure 7-6.) This repressurizes the propellants to approximately
550 psia. The low pressure at the end of life is 150 psia. Figure 7-7
shows the corresponding variation of Isp and illustrates the performance

advantage of maintaining an increased average pressure.

Spacecraft attitude control and midcourse trim maneuvers are
accomplished in a manner identical to Pioneer F and G with low-thrust
thruster clusters, These units will have essentially the same mounting,

interfaces, and plumbing as the current Pioneer F and (i subsystems.
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The main axial impulse for retargeting maneuvers is provided by
a 5 1bf hydrazine thruster. Parallel redundant multiple cycle isolation
valves are recommended to insure leak tightness over the three-year
mission and maximize mission flexibility. The isolation valves will
normally be commanded open first, then the thruster valve. The ma-
neuver can be terminated by commanding either the isolation or the
thruster valve closed first. This valving approach allows the mission
to be successfully completed in the event a main thrust hydrazine valve

fails in the open position.

Pioneer F and G {ill and drain valves, pressure transducers,
temperature sensors, and radioisotope heaters are also used on the
recommended subsystem. A modified version of the existing pressure
transducer will be used to monitor the high-pressure system pressures
Squib valves proved on a TRW military satellite are recommended for

high-pressure tank isolation.

Thermal control for a large portion of the prdpulsion subsystem

will be similar to the current Pioneer I and G, i.e., both electrical an



isotope heaters are recommended. Power requirements for the recom-
mended hydrazine subsystem are dependent on system operations. Ap-
proximately one watt for pressure/temperature sensors is required
during inactive modes. Approximately 6-11 watts will be required during
attitude control maneuvering depending on the number of thruster firings,

and 10 watts during main thruster firing,

7.2 ATTITUDE CONTROL SUBSYSTEM

7.2.1 Summa.ry

The present Pioneer F and G attitude control subsystem is made up
of a conical scan processor, sun sensor assembly (S5A), stellar reference
assembly (SRA), despin sensor assembly (DSA}, and control electronics
assembly (CEA).

The attitude control subsystem (in conjunction with the propulsion
subsystem) provides spin control, spin axis pointing control, and velocity
control. In addition, it references scientific experiments, and provides

telemetry of attitude control functions.

The spacecraft communications subsystem, using an offset antenna
feed, generates an RF signal, amplitude modulated in a sine wave whose
magnitude is a function of the angular distance from the spacecraft spin
axis to the earth-line. This sine wave is processed, and a nulling
mechanization using the precession control thrusters, aligns the spin

axis to the earth.

The SSA and SRA provide sun and star pulses, respectively, for
establishing a reference about the roll axis. The SSA pulses are used
during open-loop precession and as a redundant roll reference backup for
indexing scientific experiments. The SRA provides the primary roll
reference for indexing experiments and serves as a secondary reference
for open- and closed-loop precession maneuvers. The DSA, used only
during the despin operation, signals when the reduced spin speed is com-
patible with successful RTG deployment. The CEA processes sensor in-
puts, input commands, and commands the velocity, precession and spin
control thrusters, in addition to controlling power to all units within the

CEA and providing processed sensor pulses and telemetry outputs.
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Spin speed is is reduced from the stowed condition level t¢ an inter-
mediate speed to permit RTG and magnetometer deployment. Post-
deployment spin speed is maintained near 4. 8 rpm in response to ground
commands. Precession maneuvering and velocity control is performed
using the precession velocity control thrusters controlled either in real- '

time {closed-loop) or by programmed commands,

The ACS for the asteroid spacecraft is virtually identical to that of
Picneer F and G (see Figure 6-4)., Minor changes and additions are
necessitated by the large AV requiremen't. The large velocity corrections
are performed by a 5-pound engine in lieu of the precession/velocity
thrusters, requiring a minor modification in the command structure.
Additional reorientation maneuvers for engine burn are accommodated‘

without change.

The stellar reference assembly of the baseline Pioneer is replaced
by the gimballed star sensor which is used for navigational observations,
and to provide roll reference pulses from a selected reference star at
times when the sun reference pulse is not suita.Ble, i. e., when the earth
and sunline are too close to coincidence. The ACS also controls the

gimbal angles of the star sensor and the optical science sensor assembly.

7. 2.2 Recommended Desig_r_}_

The attitude control subsystem design is based upon the Pioneer F
and G design, Modifications and additions reflect the increased operational
demands of the asteroid missions. All fundamental characteristics of the

Pioneer F and G ACS are retained, with augmentation only as required.

Spin Period Sector Generator/Roll Reference. The spin period

sector generator (SPSG) of Pioneer F and G is driven by a roll reference
pulse generated by either the sun sensor a.s'sembly or the star sensor: It
divides each spacecraft spin revolution into 512, 64 and 8 sectors for us‘e_
in experiment daté. indexing and conscan signal processing, for éxdmple.
It also issues a ''filtered" roll pulse, approximately in synchronism with
the input roll pulse. The SPSG can be operated in the non-spin averaging
mode, spin-averaging mode, or ACS mode. In the non-spin averaging
mode, the period between successive roll pulses is used as the period

over the next spin revolution. In the spin-averaging mode, the SPSG
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measures the period over 64 revolutions instead of one revolution, there-

by reducing measurement quantization errors.

Gimballed Star Sensor. The star sensor is operated in two modes:

{) Navigational observation mode

2) Stellar reference mode,

The instrument, described in Section 5, is gimballed to point in the
cone angle direction required for acquisition of the asteroid prior to
encounter (Mode 1) or for generating roll reference pulses from a bright
reference star such as Canopus {Mode 2}. During operation in Mode 1, a
roll reference pulse can be obtained from one of the stars used as navi-
gational references. This requires some additional gating logic and
signal processing. The threshold of the instrument is reset in Mode 2 to
eliminate all but the brightest reference star signals after this reference
has been verified by the ground station. The pulse pair generated by the
V-slit reticle poses no problem in the roll reference mode if the second
pulse (cone angle detection pulse) is rejected by the instrument's gating

logic.

The design of the light shade is simple for this instrument owing to
the much smaller (4. 2 degree) circular field of view compared to the
38 x 0.5 degree field of view of the stellar reference assembly which is
being replaced. Thus, any stray light from nearby appendages (magneto-
meter boom and RTG deployment structure) can be effectively shielded

out.

The gimbal drive is actuated by a precision stepper motor. A
digital shaft encoder is used to provide accurate cone angle data. Actually
the accuracy of the gimbal drive is not critical to Mode 1 or 2 operation,
since in both cases the instrument is held at a fixed gimbal angle while
reference signals are obtained. Star maps generated by the sensor and
telemetered to the ground can be used to determine the actual cone aﬁgle
setting within the accuracy limits of optical detection and readout, i.e.,
0.1 to 0. 2 mrad.

Gimballed Optical Sensor Assembly. The attitude control system

operates the common gimbal drive actuator for the three-optical science
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sensors (image system, photopolarimeter and IR radiometer). A stepper
motor actuator with precision shaft angle pickoff is used for this purpose.
Actually, precision of pointing control is not essential to this unit since
on close approach to the asteroid, pointing program errors of up to 0.5
degree may occur. Of greater importance is fast rotation capability
during the most critical oine to two minutes of the encounter. Angular
rates of up to 5 degrees per second must be provided under extreme con-

ditions. Details of the gimbal drive mechanism require further study.

Updated Sensor Pointing Program. As explained in Section 4, a

stored payload pointing program is used as reference which is augmented
during asteroid flyby by a feedback pointing correction, based on angular

errors detected by the image system processor circuitry.

Figure 7-8 shows the principle of cone and clock angle error
detection. The diagram on the left shows the image frame being swept by
the spin motion along a circle of fixed cone angle. Cone and clock angle
errors, A¥Y and A¥, due to an inaccurate pointing program stored.onboard
the spacecraft, can be detected by determining the offset of the asteroid
image centroid relative to the frame. The enlarged view of the image
frame on the right illustrates the process: a count of electronic scan
cycles give the A¥-~coordinate, and a count of sPaceéraft clock pulses
during the electronic scan, starting at the time of the peak intensity,
gives the A¥-coordinate. The electronic circuit used to implement this

image center detection process is shown in Figure 7-9.

This figure shows a conceptual block diagram of the image sensor
processing electronics required for onboard updating of the cone and .

clock angle pointing program.

The sensor output data in analog form are compared to the output of
a digital-to-analog converter representing the content of an accumulator.
The accumulator is reset to zero at frame start. The count of clock
pulses in the accumulator is proportional to the peak intensity of the image
pulses generated during the time scan and electronic’ scan. The lower
half of the circuit determines which of the successive electronic scans
generates the peak signal, and where in this scan the peak occurs, These
two counts are transferred to storage registers and provide the basic
clock and cone angle coordinates of the image center relative to the image

frame.
C7-19
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7.2.3 leobble and Precession Effects

Table 7-3 summarizes the wobble and precession effects due to
disturbance torques acting during continuous or pulsed thrust operation.
The effect of momentum exchange due to rapid reorientation of the

gimballed optical sensor package at encounter is also included (Iteml 2).

Table 7-3, Wobble and Precession Effects

1. RESIDUAL WOBBLE DURING NAVIGATION FIXES <0.1 MRAD
(~20 MINUTE DELAY TIME AFTER MANEUVERS)

2. EXCURSIONS DUE TO GIMBALLED SENSOR ROTATION AT <0.25 MRAD
ENCOUNTER (ASSUMED 150 DEGREE ROTATION N 2 MINUTES)

3. MAXIMUM NUTATION DURING CONTINUQUS FIRING OF MAIN 1.7 DEGREES
{5 LBf) THRUSTER. (DISTURBANCE TORQUE 0.5 FT-LB)

MAXIMUM NUTATION AFTER CUTOFF, INITIALLY 1.1 DEGREE

4.  NUTATION ANGLES DUE TO PULSED RADIAL THRUST 0.3 DEGREE
' (DISTURBANCE TORQUE 0.1 FT-LB) :

NOTE: DISTURBANCE TORQUE CAN BE COMPENSATED
BY AXiAL TRIM PULSE (INFLIGHT CALIBRATION)
REDUCING IT BY 1 TO 2 ORDERS OF MAGNITUDE)

Lt ‘_E‘l B

5.  PRECESSION DUE TO UNCORRECTED RADIAL THRUST ~1.6 MRAD

DISTURBANCE TORQUE (0.1 FT-LB} - PERCYCLE -
IF COMPENSATED TO 5 PERCENT ~1 DEG/HOUR

In order to reduce interferencle by nutation and precession effects
with precision i)ointing requirements, e.g., dufing the terminal naviga-
tion phase, and to keep the narrow one-degree antenna beam pointed-at' !
earth during extended pulsed thrust operation, the misalignment of the'
radial thrusters can be compensated by small trim pulses of the axial
ACS/AV thrusters. The magnitude of the required trim pﬁlsés can bt__e_.fl';.‘-.,:.
determined in flight and updated as c, g. shifts develop,

The results summarized inthe chart show that nutation and
precession effects can be controlled adequately during all mission'’ ! 2

:#-. phases. ' : A
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7.3 DATA HANDLING SUBSYSTEM

In developing the data handling subsystem design for the multiple
asteroid flyby mission, the basic approach was to utilize existing hard-
ware to the maximum possible extent. The data handling subsystem
(DHS) includes equipment which perform the telemetry, command, and
temporary high-speed data storage functions. Telemetry functions
include sampling, A/D conversion, and formatting telemetry into a serial
data stream suitable for modulating the telemetry transmitter. Command
functions include demodulation and authentication of uplink commands
and, in some cases, distribution of commands. The data storage functions
include temporary storage of high-speed imaging and telemetry data for

immediate downlink transmission during encounter modes.

7.3.1 Data Handling Design Concept

The flight-proven Pioneer F and G data handling equipment is used
as a baseline, modified to handle high-rate imaging and telemetry data.
In addition to the Pioneer F and G equipmentis a P-MOS semiconductor
memory, of a design similar to that being considered for Pioneer Venus,
and a video imaging system which has been built and tested for another
project. The video imaging and storage interface is the same technology

as the memory.

The DHS configuration is presented in Figure 7-10 showing the com-
mand data and telemetry interfaces. The data handling subsystem com-
prises the modified Pioneer F and G digital telemetry unit (DTU), the
Pioneer F and G digital decoding units (DDU), the Pioneer F and G com-
mand decoding unit (CDU), the lightweight, low-~power data storage units
(DSU), and the video imaging compatibility equipment (VICE}.

Telemetry. Figure 7-11 presents the existing flight-proven
Pioneer F and G DTU configuration. Critical functions are redundant to
provide high-probability of mission success. Spacecraft timing is
provided by a crystal oscillator stable to 10_5 per 24 hours. Eight
selectable bit rates and 23 format combinations accommodate variable
telemetry requirements of mission cruise and encounter modes. The
DTU data multiplexer provides 258 housekeeping channels and 32 serial
digital mainframe channels.
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For the cruise mode, formatted data jis telemetered in real time in
one of 23 formats at one of 7 bit rates between 1 bps and to 2048 bps.
Telemetry data is interleaved with fixed-word format data, encoded by a
32-bit constraint convolutional coder and biphase modulated at 32. 8 kHz

for downlink transmission.

During the encounter portion of the mission the normal real-time
data collection is interrupted and the high-bit rate data from the DSU
video imaging and high-rate telemetry data is fed directly into the output
coding and modulating logic of the DTU. The data bit-rate of this process
is 32. 8 kbps and the subcarrier frequency is 131 kHz. Such a capability
can be incorporated into the Pioneer DTU by a redesign of the DSU inter-
face logic: a small modification of the combiner is required to inhibit its
function during Iﬁgh—-speed operations; the convolutional coder and biphase
modulator are modified to operate at slow and fast; and the timing output
buffers must provide a high-rate clock signal to drive the DSU and the
VICE.

The spin period sector generator divides the period between sun
pulses into 512 sectors and provides outputs of 512, 8, and | pulses per

revolution to the science instruments and attitude control subsystein,

The roll attitude timing logic determines the time between sun or
star reference pulses and start of the telemetry mainframe to be used
for data correlation and for real-time ACS backup modes. The extended
frame counter identifies up to 8192 mainframes to correlate spacecraft

data sampling to ground station time.

Command Demodulation. In the flight-proven Pioneer DDU the

1 bps command is authenticated by using a 4-bit parity Hamrming code to
reduce the probablhty of executing a false command to less than 1.1 x
10” -9 with a signal-to-noise ratio of 17. 3 dB at the decoder input. The
DDU provides a serial command output to the CDU which includes three

bits for routing serial commands to the subsystems,

Figure 7-12 illustrates the basic DDU circuit blocks, the fail-safe
cross-strapped receiver interface and the interface with the CDU. Power
switching is used in the digital section to conserve power when not pro-
cessing a command. Power is applied to the analog portions of both

redundant decoders at all times to prevent lockout modes.
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Command Processing and Distribution. The CDU consists of sub-

assembly '"slices" containing printed circuit boards, which facilitate
modification of specific functions to meet new requirements or additions

for growth.

The CDU redundant command processors (Figure 7-13) decode
discrete commands from the digital decoder units (DDU) in the data
handling subsystem, process them to produce user-compatible outputs,
and then distribute the outputs. DBoth processors are contained in a single
slice and the outputs are contained in a single slice and the outputs are

cross-strapped for added reliability.
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Video Imaging Compatibility Equipment. Figure 7-14A shows the

interface equipment necessary between the video imaging system and the
storage unit., This equipment includes five parallel 256 bit dynamic
P-MOS registers which are loaded at a 4. 1 Mbps rate and unloaded at a
500 kbps into the DSU. The clocks for these registers are supplied by
the modified Pioneer DTU.

Data Storage Unit. The equipment for temporary storage of high-

rate imaging and telemetry data during encounter is shown in Figure
7-14B. The design is a new lightweight, low-power dynamic P-MOS
memory of the type being considered in the current Pioneer Venus
design study. The imaging data is formatted and stored in five parallel
registers after each of 195 samples per scan. High-rate telemetry data
taken during encounter is stored in a dedicated register.. After the last
sample of each scan the registers are emptied out consecutively at

32 kbps to the DTU for downlink transmission. The time to load the

memory is 0. 2 sec and the time to empty it, at 32 kbps, is 9. 4 sec.

7.3.2 Solid State Imaging

Figure 7~15 shows the block diagram for the solid-state imaging
system data flow. (See also Section 2.) There are 195 sensors in a line
which generate 195 scan samples during 0. 2 sec of each 12 sec space-
craft revolution. Figure 7-16 shows the scan pattern obtained for one
imdge frame (195 by 195 samples) and the associated timing. Each of
the 195 sensors is exposed for each of the 195 sample times during the
0.2 sec scan. The total time for each exposure is a little more than
{ millisecond: 10 psec to bias the photojunction, about { millisecond of
light exposure and about 78 psec to read out the samples through the

five parallel multiplexed, A/D converter channels.-

Referring again to Figure 7-15, the outputs of the sensors are
conditioned by the light sensory amplifiers (LSA), sampled by the five
39-position multiplexers, and digitally encoded to 6 bits by the A/D
converter for digital readout. The sampling and conversion time is
2 psec per position of the multiplexer. The sensor array is pre-calib-
rated with gain adjustments for each of the 195 elements stored in the

onboard read-only memory {(ROM}. When each position of the multiplexer



82-L

A, IMAGING SYSTEM INTERFACE EQUIPMENT

8. DATA STORAGE UNIT {DSU}

|
A/D BUEFER {
REGISTERS ENABLES | v
TTHR »  elssams —— > ' »{-or 50 KBITS
RAT RATE 7 y
T _f ol Ton | ) on) Tos
i [
P —] 256 BITS > i plOr" —»{ 50KBITS
[ ol $on | J ! oiT Tos
~ = v v
> IS »{1oR" L™
]- 256 8 F| ok }-»] s0kais *| outrur | ra
# oat Fon | ol Tos . tocie [1ooru
| T LIRS
—-— F A
]— » w6815 » : »|or|-#] sokeiTs
T ._f oal tos I ,.__f oil Tor A
[ | J’ —]
] 256 0TS ~ pl-or ] 50 kTS
y L
X on] oo | . 1 ol Yor _
500 Kz l v ]
ock M 1rrOMm R
oo Shver m}mu § »|-or- || soxkpirs
CLOCK I r “T T
INPUT DATA
{ TIMING | HIGH RATE SYNCH crock 2K om
‘_
' CLOCK | oavpLNG AND YD DRIVER |, TIMCLK  {OTU
' 7 S Y L ¥ KBPS)
I CONTROL
I LOGIC

Figure 7-14. Imaging System/Data Storage Unit Interface



R
e

KIrTVAS 7004 g6
1 39V TVNIDRIQ

62-L

JP—

LOGIC

Figure 7-15. Solid-State Imaging Equipment

MULTIPLEXER w

i!;:{rézjsa _| I_EEG;E]T;_] I.TALI;IFEXER—I
1| ampumims | | -
CELLNO.1 [ : | —
1 *_| Al
: 1
BRI St ]
CELL No.39“7'—-4§35—-’—l>v309 : i im
CELL NO . 40 f—— 71— . | sa1TA/D | |
N W DAC 1) converrer| i
- ] | 1 ) ==
¢l NO. 7= 3 BES | serac | i
CELL NO .79 1 . | DAC I converter | |
I m =3 - L
Lo A >_l_|<', 6 BIT A/D l
ceLNo. n7E=1_3 [ E; | DAC 1] convirter| |!
CELLNO. M8 =71 1| |1 I A_‘_i _H
1] >Ti"\ ' - H
L] ! | 6 BIT A/D I
: oo ! |> | B N { DAC ] cONvERTER | |!
St == s T i) aie
LL NO. | I——I:—W | READ ONLY
+ 3 i
R - g
CELL NO. 195 =132 39 ] CONTROL
| | ADDRESS LoGIC
. COUNTER g 41 MHz
| | CLOCK




[T SCAN MOTION
f—————v0.2 5EC {

|
b
i
|
195 Il
SENSORS|™,~ = 74T 71T T 74T T T
I
|
[}
]
}

=] MSEC

L

e\

[ 10ws | =) M$ N
PHOTO PHOTO SENSOR 195
JUNCTION EXPOSURE READOUTS
BIASING 5 GROUPS

QOF 39
2 yS/OUTPUT
SAMPLE

Figure 7-16. Solid-State Imaging Timing

is selected the corresponding gain calibration data is fed into the scaling

amplifier to normalize the data for each subsequent sample,

The clock-rate for the A/D converter is 4.1 MHz for conversion
and shifting processes. " The output from the A/D converter is fed to the
video imaging compatibility equipment at 4. 1 MHz for intermediate
storage before telemetering at 32. 8 kbps.

7.3.3 Cruise and Encounter Modes

During the cruise mode the DHS uses low data rates (16 to 2048
bps) to conserve power and the DSU, VICE and SSI equipment are turned
off. The telemetry system operates on S~band.

For the encounter mode the DSU, VICE and SSI are commanded on,
the 32. 8 kbps rate is selected and the high-rate imaging data can be

telemetered along with other high rate data using X~band,

7-30



7.3.4 Required Modifications

The basic requirements for data handling can be met by modifying
or adapting the present Pioneer F and G equipment. This approach
minimizes costs and schedule problems. The proposed design adaptation
of the DTU from Pioneer F and G involves the following modifications and

additions:

] Maximum bit rate increased from 2048 bps
to 32,768 bps '

. Science and engineering subcommutators
expanded

. High-speed memory interfacing electronics
added.
To increase the bit rate to 32,768 bps, the following modifications
must be made to the existing Pioneer DT U design:
. Replace the analog to digital (A/D) converter

with a faster circuit, potentially available
from another program

L Redesign the programmert logic
® Speed up the main-frame and subcommutator
multiplexers.
The present A/D converter cannot operate at a higher bit rate so a
different converter design would have to be incorporated onto the analog

subframe board, necessitating a redesign of that board.

The programmer logic‘and timing must be modified to increase
the bit rate (2048 to 32,768 bps). This change requires a redesign of the

two redundant programmer boards.

To increase the multiplexer speed the multiplexer interface circuits
the multiplexer driver circuits, and the multiplexer logic and timing mus:
be redesigned. These changes require redesign of the digital subframe
board, the analog subframe board, and the two redundant main frame
multiplexer boards, and in addition affect the redesign of the programme:

boards.

The proposed science subcommutator exceeds the capacity of the
Pioneer F and G science subcommutator. The required expansion of the

science subcommutator is achieved by providing more input gates, more
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gate drivers and additional control logic. Such a change requires redesign
of the A/D subcommutator boards, an additional subcommutator board and

an additional signal connector.

In summary, the redesign of the baseline Pioneer DTU, presently
configured on nine circuit boards, affects every board. Two additional
circuit boards are to be added for the expanded science subcommutator

and the data storage interfacing electronics.

The chassis would be enlarged to enclose eleven boards and contain
three additional conneciors. The footprint would be the same as in
Pioneer F and G, viz, 83 square inches with the following increases in

size, weight, and power:

Asteroid Spacecraft

Pioneer I and G Configuration
Size 454 cubic inches 560 cubic inches
Weight 7. 8 pounds 9. 6 pounds
Power 4, 7 watts 7.5 watts

To test the redesigned DT U, the DTU test set also must be

redesigned, as follows:

o Maximum bit rate increased to 32, 768 bps

. Subcommutator interface expanded

* Subassembly test set modified; eleven new
cards, new holding fixture and cabling.

7.4 COMMUNICATIONS

A functional block diagram of the proposed communication subsystem
is shown in Figure 7-17 with changes from the Pioneer F and G configura-
tion identified. The configuration is similar to that of Pioneer F and G

with the following exceptions:

. An enhanced downlink capability, comprised of
redundant X-band drivers and TWTA's (seven
watts), has been added. The matching network
(attenuator) used between the driver and TWTA
to adjust driver output power for optimum TWTA
performance is not required.

. An X-band transfer switch, utilizing waveguide
ports, has been added to permit selection, by
ground command, of either X-band TWTA/
driver pair.
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. A waveguide transmission line interconnects both
TWTA's with the transfer switch and the high-
gain antenna.

) The downlink redundant S-band driver/TWTA
(eight watt) arrangement has been replaced by
redundant solid-state transmitters {one watt).

e The high-gain antenna S-band feed is replaced
with a dual S- and X-band feed and the high-gain
antenna feed movement mechanism, employed
on Pioneer F and G is deleted.

[ A 20-inch hole at the vertex of the refiector
permits protrusion of the enlarged propellant
tank.

The modifications proposed for the asteroid spacecraft application
are practically identical to those adopted in the Jﬁpiter Orhbiter design
concept. In both cases the principal objectives is the same, namely to
enhance telemetry channel capacity within the power constraints imposed
by the existing RTG's, in order to accommodate higher data rates from

the science payload.

Table 7-4 summarizes the essential differences between elements
of the Pioneer F and G communication subsystem and those proposed for

the asteroid spacecraft.

7.4.1 Communication Subsistem Requirements

7.4.1.1 Telemetry Performance

The primary requirement imposed on the telemetry link is to
achieve the highest possible bit rate consistent with minimizing the
modifications to the spacecraft and constrained by the available electrical
power. The spacecraft transmitter is 2 major consumer of electrical
power; 27. 8 watts is required by the Pioneer F and G TWTA. The power
requirements for the majority of the remaining units are comparable to

Pifg;{eer F and G.

The increased data rate requirements, dictated primarily by an
increased imaging capability envisioned for the missions to be performed,
justify seeking an increased downlink telemetry bit rate capability. The

use of X-band frequency is a straightforward solution which can provide
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the necessary gain. Increasing the diameter of the high-gain antenna

for achieving the required gain is not feasible with the 10-foot diameter
shroud of the Atlas/Centaur booster. No consideration has been given
to a deployable antenna which would provide further gain improvement

because of the substantial complexity and cost impacts.

Theoretically, increasing the link frequency from S- to X-band
(8. 4 GHz) provides a potential 11.3 dB a.clvantage.. Practical limitations,
e. g., increased antenna pointing losses and atmospheric attenuation,
restrict this link enhancement to approximately 8 dB, which is adequate.
However, the X-band approach can be used only with the DSIF 210-foot
subnet.

Table 7-4. Communication Subaystem Modification Summary

Unit

Pioneer F and G

Asteroid Spacecraft

High-gain antenna

High-gain antemna feed

Feed movement
mechanism

Medium-gain antenna
Omni antenna

S-band transfer switch
X-band transfer
Bwitch

Diplexer
Diplexer/coupler

X-band transmitter

X-band driver

S-band transmitter

S-band driver
Matching network

Receiver

Digital decoder unit

Conscan processor

RF transmission lines

Nine-foot paraboloid;
focal point feed

Cavity-backed,
crossed dipole

Thermal actuatorx

Corrugated horn
Log conical spiral

Procured from
Teledyne Microwave

Not applicable

Procured from
Wavecom

Procured from
Wavecom

Not applicable

Not applicable

Eight watt TWTA;
procured from
Watkins/Johnson

50 mw power output
Coaxial attenuator

Phase lock loop;
20 Hz threshold loop
bandwidth

PCM/FSK format
Digital maximum
likelihood estimator
Coaxial {semi-rigid
and flex)

20-inch hole at vertex
for propellant tank
protrusion

Dual 8- and X-band
Deleted

Unchanged
Unchanged
Unchanged

New item
Unchanged
Unchanged

New item,
seven watt RF output

New item -

One watt salid state
device

Deleted
Deleted

Add coherent drive
to X-band drivers

Unchanged
Unchanged

Coaxial and wave- -
guide
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7.4.1.2 Dual Frequency Transmission

DSIF tracking station coverage of the spacecraft for the critical
period encompassing injection and several hours thereafter is essential
for the following operations:

. Initiate sequencer backup commands in case of

despin, appendage deployment, or initial
orientation maneuver anomaly

o Turn on experiments for near-earth calibration

® Assess spacecraft health and take corrective
action, as required

. Obtain thruster pair calibration during initial
orientation maneuver.

DSIF-51 (Johannesburg) is the only station providing reasonable
visibility of the spacecraft for a representative range of ascent trajec-
tories for this mission. This station is configured with an 85-foot
antenna, and hence, has only an S-band receive/transmit capability.
Only the 210-foot subnet is provided with an X-band receive capability.
Therefore, it is imperative that S-band transmission, capable of ful-
filling the aforementioned requirements, be provided in addition to
X-band.

The design goal is to design the respective S- and X-band downlinks
to obtain a minimum carrier loop signal-to-noise ratio of 20 dB, meas-

ured in the ground receiver loop bandwidth.

7.4.1.3 Receiver Requirements

The receiver requirements are basically the same as for Pioneer
F and G, therefore, no requirement for modification of the receiver is

foreseen.

7.4.1.4 Ground Station Requirements

The DSN multiple mission telemetry (MMTS) is specified as being
capable égf-'_accommodating 2, 048 bps, maximum. The maximum data
rate of 32, 768 bps proposed exceeds the DSN MMTS capability to demo-
dulate and decode convolutionally coded telemetry data. Consideration
must be given to installing mission-dependent special-purpose decoding

equipment to implement this function.
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Wideband data lines (WBDL), capable of transmitting data rates
from 10 to 150 kbps are planned to be operational by 1974 at all 210-foot

subnet stations, if funding is approved.

7.4.1.5 Summary of Problem Areas and Proposed Solutions

Table 7-5 summarizes principal problem areas inherent in the
design adaptation and operation of the modified Pioneer F and G com-
munication subsystem, and lists proposed solution approaches. Actually,
the modifications required for the asteroid spacecraft are almost identical
to those proposed for the Jupiter Orbiter and have been extensively
analyzed during that study. Further details may be found in TRW's Final

study report on the Jupiter Orbiter (Reference 1-9).

Table 7-5. Communication System Problem Areas

PROBLEM

APPROACH TO RESQLUTION

REQUIREDlMAX!MUM BIT RATES (16 - 32 KBPS)
EXCEED CAPABILITY OF 32 KHZ SUBCARRIER

X-BAND ANTENNA NARROW BEAMWIDTH
REQUIRES MORE ACCURATE EARTH POINTING

WEATHER — DEPENDENCE OF X-BAND TRANS-
MISSION (ATMOSPHERIC T ENUATION)

SEQUENTIAL DECODING OF CONVOLUTIONAL -

CODED DATA NOT AVAILABLE AT DSS FOR BIT
RATES »4,096 BPS,

X-BAND HARDWARE DEVELOPMENT: TRANS-
MITTER DRIVER, TWTA, TRANSFER SWITCH,
S=/X-BAND FEED

PROVIDE SUBCARRIER FREQUENCY = FOUR TIMES
HIGHEST SYMBOL RATE THROUGH MINOR DTU
MODIFICATION. RETAIN 32 KHZ SUBCARRIER
FOR SYMBOL RATES 54 KSPS

REDUCE CONSCAN PROCESSOR THRESHOLD
FROM 0.3 DEGREE TQ 0.2 DEGREE BY MEANS OF
EXTERNAL PROGRAMMABLE PLUG

. PLAN ENCOUNTER PERIOD TO PERMIT SIMUL-

TAMEQUS COVERAGE FROM MULTIPLE EARTH
STATIONS

AUGMENTATION OF PRESENT CAPARILITY IS
ANTICIPATED PRIOR TO TIME PERIOD OF THIS
MISSION. ALT:QNATIVELY UsE SPECIAL
PURPQOSE DECCDER.

TECHNOLOGY EXISTS. QFF-THE-SHELF
EQUIPMENT EXPECTED TO BE AVAILABLE FROM
QTHER PROGRAMS

7.4.2 Recommended Communication Subsystem Design

The recommended communication subsystem des1gn is ba,Sed 7
primarily on achieving higher telemetry rates while retaining as much of -
the simplicity, reliability, and technology of Pioneer F and G as possible.
(See Figure 7-17.) The major departure from Pioneer F and G ph1losophy
is the adoption of X batid frequencies to provide the prime telemetry sup-
port.  As discussed ea.rher, this approach was a natura.l outgrowth of the
limited electrical power. allocation to the transmitter and the ever- present
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demand for higher data rates to meet new requirements of increasingly
sophisticated scientific experiments. The principal contributor of high-
data rates in this mission is the line-scan image system. Recourse to
X-band frequencies, with the inherent increase in communication link

gain, offers an attractive practical solution.

The X-band link performance is weather-dependent, whereas S-
band is independent. Cloud cover or rain can introduce losses ranging
from tenths of dB's to niany dB's, depending on the density of cover.
However, even under these infrequent adverse conditions, the X-band
link will perform at least as well as an equivalent S-band link, the atmo-

spheric losses being offset by the 8 to {{ dB link gain advantage.

To minimize the risk of losing telemetry at the time of an asteroid
encounter, due to weather conditions at the ground station, consideration
has been given to providing coverage by more than one DSN station at the
critical time. Conditions that favor or hinder multiple DSN coverage are

discussed in Appendix D,

While design uncertainties and differences in operating conditions
exist, implementation of the X~band capability clearly fulfills the present
requirements with a minimum spacecraft impact. It also provides flexi-
bility to meet increased, but unforeseen, new requirements. The DSIF

210-foot subnet will be required to acquire telemetry at X-band.

During the launch; ascent, and initial DSIF station acquisition
phases of the mission the communication activity, both uplink and down-
link, will be similar to that of Pioneer F and G. Checkout of the X-band
link will normally follow completion of the initial orientation maneuver,
spacecraft health verification, and experiment activation. Execution of
a conscan operation will be required more frequently to ensure sufficiently
accurate earth pointing with the narrow antenna beamwidth (0. 8 degree)
at X-band. Simultaneous S- and X-band transmission is possible, and
recommended, during this operation to maintain continuous telemetry
coverage.

Routine telemetry reception at X-band will be possible, but not
essential, during most of the cruise phase of the mission. The one-watt

S~band link, via the high-gain antenna, will support bit rates up to
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~ 256 bps at maximum communication range. The substantially increased
capability of X-band is available, however, as required. Tracking
operations by the DSN 85-foot subnet must be performed at S-band to

obtain two-way coherent doppler.

Communications coverage during midcourse maneuvers will utiliz
the S-band link operating through the medium-gain/omni-antenna systen

in a manner similar to Pioneer F and G.

Tracking and telemetry operations at X-band during the cruise
phase are constrained by the necessity for more frequent update of the
spacecraft pointing attitude to maintain adequate earth illumination by th
narrow beamwidth antenna. Rate of change of the spacecraft-earth line,
induced principally by the relative earth-spacecraft trajectory geometry
and to a lesser extent by scolar pressure, is predictable and may be com
pensated by appropriate open-loop precession or by conscanning. The
S-band downlink provides increased assurance that telemetry communici
tions will be continuously available in the event the spacecraft "drifts"
beyond the X-band beamwidth.

During asteroid encounters telemetry operations will be conducted
at X-band to obtain the maximum possible bit rates. However, simul-
taneous S-band transmission is permissible within the electrical power

budget aliocations.

Telemetry. Representative data rates for the X-band and S-band
telemetry links are shown in Figure 7-18 as a function of earth-space-
craft range, with transmitted power plotted parametrically. For all
cases, a carrier phase modulation index of 1. 15 radians has been used t

maximize the data rate over the communication range of interest.

The X-band performance predictions are based on minimal atmos-
pheric losses. X-band performance is, however, weather-dependent an
cloud cover or rain could introduct additional losses which would degrad
performance. In that event a lower bit rate may be selected or primary
data collection responsibilities shifted to a station free of the adverse

conditions.

i

BT
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Figure 7-18. Representative Telemetry Data Rates

All performance estimates are based on the use of convolutional
coding of the telemetry data and sequential decoding by the ground station
computer. Although the DSN is currently limited to decoding bit rates
less than 4096 bps, it is anticipated that increased capability to accom-
modate higher bit rates will be fully operational by the mid-1970's to

support planned outer planet missions.

* Note: The bit rate performance estimates were obtained from a com-

puter program developed by NASA/ARC, Spacecraft Data Systems Branch,
and provided to TRW Systems.
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Communication Range and Data Rate Contours. The performance

of the X-band telemetry link was evaluated in terms of typical mission
‘profile characteristics to determine whether the high-data rate require-
ments occuring during asteroid encounter can be adequately satisfied.
Figure 7-19 shows contours of communication ranges of 3, 3.5, and 4
AU mapped across a set of trajectories in the cliptic plane, The
corresponding telemetry bit rate is 32. 8 kbps if the transmitter power is
5, 7, and 9 watts, respectively. The spacecraft antenna is the standard

Piocneer F and G 9-foot dish.

COMMUNICATION
RAMNGE (ALY}

32.8 KBPS
LIMIT

Figure 7-19. Communication Range and Data Rate Contours

Two conspicuous intrusions of the range contours into the area
traversed by typical asteroid mission trajectories are noticeable which
correspond to times when spacecraft and earth are on opposite sides of

the sun {superior conjunction). These areas delineate regions of lower
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bit rate capability; for example, at 7-watt transmitter power the bit rate
is 32.8 kbps inside and 16. 4 kbps outside of the contour line. This
influence on mission capabilities is not considered critical. In cases
where the data acquisition rate of the image system (~ 19 kbps) cannot be
met by the telemetry link, i.e., if the data rate is lower than 32. 8 kbps,
the effect would be that one image frame must be skipped every two or

three revolutions of the spacecraft.

Command. No command modifications to the Pioneer F and G are
contemplated. The fixed { bps command bit rate is adequate for all
identified requirements. A 2 db reduction in the uplink telecommunica-
tions RF power budget margin with the high-gain antenna is charged to the
fixed-feed offset. However, this presents no loss of performance

capability.

Earth-Pointing. X-band frequency for downlink transmissions

necessitates imposing more stringent earth-pointing requirements on the
conscan control system to minimize the pointing error loss. Whereas a
pointing error of 0. 4 degree at S-band produced only a 0.2 dB pointing

loss, a pointing error of only 0, 2 deg, at X-band is equivalent to a 1 dB gain

loss. The importance of improving the earth-pointing accuracy is evident.

The Pioneer F and G conscan threshold setting is 0. 3 degree for the
high-gain antenna. Error budget analysis indicates there is a high prob-
ability that a conscan maneuver will be terminated at the desired thres-
hold setting. A modest reduction in the threshold setting to approximately
0. 2 degree creates no major impact. It is probable that the specification
of some error sources such as antenna mechanical alignment uncertainties
may have to be tightened. No conscan processor modifications are re-
guired; the external programmable plug provides flexibility in selecting
the desired threshold.

Candidate X~Band Transmitter Tubes. Several advanced X~band
TWTA's have been developed that would be applicable to this mission. A
potential candidate is the Watkins-Johnson Model WJ-130 which was

developed for an Air Force program. The power output must be increased

from 3. 3-watts to 7 watts, and the frequency increased from 7750 MHz

to 8400 MHz to meet the requirements of the asteroid spacecraft. The
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25-watt TWT under development for JPL could be adapted for the 7-watt

requirement.

A tube efficiency of 45 percent is a design objective which is
dependent on new technology involving two-stage collector development.
An overall efficiency of 28 percent for the 7-watt TWTA appears more
realistic using proven tube construction techniques, and making allow-
ances for losses when operating into a mismatched load and inclusion of
an output power monitoring device. This would require a transmitter

input power of 25 watts.

X-Band Driver. The X-band transmitter driver has the same

features as the present S-band driver: inclusion of an auxiliary oscilla-~
tor {TCXO) for noncoherent operation and provision for coherent drive

from either S-band receiver,

S-.Band Transmitter. The S-band transmitter, a solid-state unit,

has the multiple function previously performed by the S-band driver and
TWTA. It is capable of operating noncoherently from an internal

oscillator or coherently from a drive signal supplied by either receiver.

Combined S-/X-Band Feed. As in the Jupiter Orbiter a dual 5~/

X-band feed with rigid waveguide horns is proposed for this application.

This permits the phase centers of the two feeds to be placed closer to-
gether than with separate feeds. The waveguides are fed by orthogonal
probes to achieve circular polarization and the antenna has a gain at
S-band of about 29. 5 dB on boresight with a 5-degree beam at the half-
power points. The S-band gain on the spin axis is about 28 dB and the
X-band ga.:i.n4is about 41 dB since the X-band feed is not offset. Figure

7-20 illustrates the concept and its installation on the antenna tripod.

The Pioneer F and G medium-gain horn and high-gain feed con-
figuration is depicted in the left portion of the figure. The forward-
facing medium-gain horn provides communications over broad spatial
angles at intermediate and close ranges. The axis of the medium-gain
horn is tilted approximately 9 degrees with respect to the spin axis to
produce an amplitude modulation of the uplink RF signal by the conical
scanning motion of the offset pattern. The '"conscan' signal is used for

closed-loop precession of the spin axis toward earth.
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Figure 7-20. Antenna Feed System

The high-gain antenna is used both for fine adjustment of the earth-
pointing attitude and for data transmission at the extended mission
ranges. A movable feed is used to optimize the performance of both

functions.

The right side of the figure shows the proposed combined S- and
The S-band feed horn is

permanently displaced from the reflector focal point to squint the beam

X-band feed instalied on the antenna tripod.
with a resultant -1 dB crossover. The X-band feed horn is positioned
in one of the S-band waveguide ridges and is coincident with the focal
plane axis. This approach increases reliability by eliminating the feed
movement mechanism without compromising the performance of the
primary (X-band) data link.

Paraboloidal Reflector. Protrusion of the enlarged propellant

tank through a 20-inch diameter hole at the vertex of the high-gain
antenna reflector is not anticipated to cause any adverse effect on the
antenna pattern. However, tests must be performed in conjunction with

the dual S~/X-band feed development effort to verify this,

7-44



Assuming that the propellant tank behaves as a convex RF i‘eﬂecting
surface, the radiation scattering effect may increase the sidelobe level
slightly. Negligible gain loss {<0. 2 dB) should occur since the blockage
associated with this discontinuity in the paraboloidal surface is coincident
with that arising from the medium-gain antenna, which is part of the

existing configuration.

The principal uncertainty pertains to the effects, if any, of the .
modified antenna, on the conscan performance parameters. Range tests
with a full-scale engineering model antenna, including a simulated pro-
pellant tank protrusion, should be performed to resolve this concern. If
test results should show that antenna performance is significantly de-
graded, several approaches would be available to remedy the problem:

* Addition of a reflecting cone positioned over the
propellant tank protrusion with the apex pointed
at the feed. The objective is to deflect the

radiation which would normally impinge on the
propellant tank.

. Addition of a zone plane situated over the pro-
pellant tank and positioned, relative to the dish
surface, to minimize performance losses,

®  Application of suitable RF-absorbent material
over the exposed propellant tank to minimize
the scattering effect.

7.5 POWER AND ELECTRICAL DISTRIBUTION

7.5.1 Summa.ry

The electric power subsystem is that of the Pioneer F and G
spacecraft with only a minor modification. The functional block diagram
is shown in Figure 7-21. The prime energy source consists of four
RTG's which convert thermal energy directly into electrical energy at a
voltage of 4. 2 Vdc. Four inverters, which are housed in two inverter
assembly (IA) packages, change the prime electrical energy into a more
useful form; i.e., 30.5 Vrms at 2. 5 kHz. The utilization of the prime
energy is controlled by the power control unit (PCU) with excess power
being dissipated in an external shunt radiator. The subsystem also in-

cludes a central transformer/rectifier unit (CTRF) which changes the
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Figure 7-21. Electric Power Subsystem Block Diagram



high voltage AC power to low DC levels required by the loads. The
CTRF also provides regulation and fault isolation for the loads. The
CTRF would be modified to accommodate the optical pointing electronics

and the additional data storage unit.

The power subsystem in its present configuration can meet the
power requirements of the asteroid mission if 2 reasonably tight power
budget is adhered to, Thus, it appeared preferable to aveid substitution of
more advanced RTG power sources now under development for the
present SNAP-19 units thereby minimizing system modifications. If
conditions should warrant this, such a substitution could be decided on at

a later time.

7. 5.2 Electrical Power Requirements

Table 7-6 compares power requirements of the asteroid spacecraft
with those of Pioneer F and G and the Jupiter Orbiter, Configuration 1.
The entries listed for the asteroid spacecraft summarize the power

budget previously discussed in Section 6.

For the asteroid spacecraft two cases are considered; one with
all experiments operating simultaneously, the other with some of the
experiments that are less essential turned off during flyby, (i.e., the
microparticle analyzer, the asteroid/meteoroid detector and the plasma

wave detector).

Also listed in the table is the RTG power available at the time of
the three asteroid encounters of the sample multi-asteroid mission and
the available power margin. This margin is very small at the time of the
third encounter if all payload instruments are operating. In the interest
of minimizing system modifications, substitution of higher power RTG's
(that would also involve a weight increase) for the SNAP-19 RTG units of
Pioneer F and G has been ruled out. The small power margin available
at the end of the mission {2. 34 years) is acceptable, with battery power
augmentation of 5 watts available for ten hours during the encounter
period, or with the least essential experiments being turned off during

the:last encounter to meet contingencies, if necessary.
R '
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Table 7-6. Electric Power Requirements (Watts)
(Steady Loads)

TEM PIONEER | JUPITER MAF
F&G ORBITER SPACECRAFT
DATA HANDLING 5.6 6.1 9.8
COMMUNICATIONS 33.7 19.6 34.7
ATTITUDE CONTROL 3.7 4.2 4.7
COMMAND DiSTRIBUTION 3.3 3.8 3.8
PROPULSION HEATERS 2.0 8.0 3.0
TRANSDUCERS , 0.2 0.4 0.2
GIMBAL ACTUATORS - - 2.0
CTRF LOSSES 10.2 10.9 13.9
PCU LOSSES INCLUDING POWER 7.8 7.8 3.0
SYSTEM .
EXPERIMENTS 24.0 27.0 28.3 (20.9)
SUBTOTAL 90.5 87.8 102.4 (95.0)
CABLE LOSSES (2% OF LOAD) 0.6 0.6 2.0 1.9)
RTG INVERTER LOSSES 13.3 13.1 14.2 (11.9)
(88% EFFICIENCY)
RTG CABLE LOSSES (4%) .2 4.1 5.0 (4.2)
TOTAL 108. 105.4 123.6 (107.8}
SAMPLE MAF-MISSION
RTG POWER AVAILABLE AT 15T ENCOUNTER (0.71 YRS)  144.0
2ND ENCOUNTER (1.58 YRS)  135.0
. 3RD ENCOUNTER (2.34 YRS)  127.0 .
POWER MARGIN 1ST ENCOUNTER 20.4 (36.2)
2ND ENCOUNTER 1.4 (27.2)
3RD ENCOUNTER 3.4 (19.2)

*LESS POWER REQUIRED IF LESS ESSENTIAL EXPERIMENTS ARE TURNED OFF AT ENCOUNTER,

It should also be noted that the missions are of less than 2. 4 years'
duration on the average, since asteroids encountered late in the mission
can generally not be detected early enough by the navigation sensor in
this region of the trajectory (except for large asteroids such as Ceres in
the sample mission). In the case of a comet flyby at the end of the mis-
sion (about three years) the SNAP-19 power would be inadequate, partic-

ularly with additional experiments included in the science payload,

7.5.3 Power. Availability During the Mission

Figure 7-22 shows the representative power profiles of current-
technology RTG power sources over three years of mission life. In-
cluded are the SNAP-19 used by Pioneer F and G, a higher powered
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version (HPG) of the SNAP-19 and
the developmental low-temperature
silicon~-germanium (LTSG) genera-
tor that has been studied by TRW.
The multi-hundred watt (MHW)

‘generator, also currently under

development, would supply more
than 280 watts after two years in
flight, grea.tly exceeding the re-

quirements of this mission,and is

not included in the graph.

The SNAP-19 RTG's of
Pioneer F and G that have been
adopted for the multi-asteroid
spacecraft provide only 125 watts
after 2.5 years. A conservative
estimate of power requirements
with all science payload instru-
ments turned on is in the range of

120 to 125 watts. Figure 7-23

shows contours of available power and corresponding flight times on

trajectories through the astercid belt.

The power becomes marginal

only in an area that generally excludes extended missions because of the

limits of feasibility of terminal navigation.



TIME FROM
LAUNCH (YEARS)

(2'5)1 2.0) (1.50)

(3.0),

”~ 4

L/ O\

N4

L

it

Figure 7-23. Contours of Available Power Across
Mission Profiles (Pionesr RTG's)

7.6 THERMAL SUBSYSTEM

Thermal control requirements of the asteroid spacecraft are less
severe than those of Pioneer F and G, with maximim solar distances
reached by the spacecraft being limited to less than 80 percent of Jupiter's.
Hence, the thermal subsystem of Pioneer F and G can be adopted with
minimum change. The only change, or addition, required involves
thermal protection of externally mounted and gimballed sensors, not
carried by Pioneer F and G, and thermal control of the enlarged propul-

sion system.



7.6.1 Summary

The basic Pioneer F and G thermal subsystem has the following
features:
. The equipment and experiment bays are thoroughly

insulated to make the spacecraft as independent as
possible of the sun.

®  Active control, provided by about three square
feet of bimetal actuated louver panels on the base
platforms, is used to dissipate the absorbed
solar input and internal heat dissipation.

o The sun sensor, thruster clusters, and the
magnetometer are heated with twelve watts
of radicisotope heater units (RHU's).

The increased propulsion capability required for the asteroid
mission is provided by use of a larger hydrazine tank., Heaters are
required for the enlarged hydrazine tank and for the added thruster,
Other spacecraft subsystems, enroute environment and internal power
levels are comparable to those of Pioneer F and G. The thermal con-

trol subsystem requires correspondingly little additional change.

7. 6.2 Recommended Approach

The thermal control subsystem for the asteroid spacecraft is
almost identical with the present Pioneer F and G subsystem. It is still
an insulated compartment with louvers which radiate excess heat to space
and with local heaters for appendages such as thrusters. This system
can dissipate 132. 4 watts of internally generated heat even when the sun
is looking at the side of the spacecraft as it does in the beginning of the
mission (I AU)., Or with the sun on the front of the spacecraft (on the
antenna) and at 4 AU, the internal temperature at the hydrazine tank can
be kept above 40°F with less than 80 watts of internally generated heat
(assumes that one RTG has failed completely).

- The hydrazine tank requires 2-watt thermostatica.lly controlled
electric heaters and a 3-watt radioisotope heater unit, and the lines re-
quire a tota.l of 3 watts of thermostatically controlled electric heat. Also
2 watts of thermostatically controlled electric heaters and 3 watts of

radioisotope heater unit are required for the added main thruster,
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Externally mounted optical sensors are individually insulated
against excessive heat loss. Since they are in a dormant mode during
most of the mission, they will probably require small heaters. Mounted
on the outside of the equipment bay and shaded by the antenna dish, no
problems due to solar heating are anticipated. The fact that those
instruments are attached to the main spacecraft body rather than mounted

in an external payload platform simplifies thermal control requirements.

7. 6.3 Comparison with Pioneer F and G Thermal Conditions

Tables 7-7 and 7-8 list the predicted temperature ranges of
Pioneer F and G flight equipment and payload instruments under various
exposure conditions ranging from 1 AU to 6 AU, and with solar illumina-
tion from the front or side. The first columns specify minimum and
maximum acceptance temperatures. These data, although not applying
directly to the asteroid mission, provide useful temperature brackets for
this spacecraft, even without further analysis. The upper temperatures
are typical for the Jupiter as well as the asteroid mission because of the
comparable environment at 1 AU. The lower temperatures, applying to
6 AU, can be regarded as conservative low-temperature extremes that
will never be reached by the asteroid spacecraft subsystems and payload
equipment.

Table 7-7. Pioneer F and G Flight Equipment Temperature Predictions
(Degrees F)

EQUIPMENT éﬁ%::?&%g
ATRES sugeAngN FR(OIN‘;I'U!;UN FRONT SUN

laai) —I0— 130 152 T S B
TRF 20 140 1% 99 61
INVERTER 20 145 123/134 97,108 86/67
DIPLEXERS 20 100 92,/94 63/66 45/46
TWTA (ON) 20 125 108 83 63
CDu 20 105 95 8 4%
RECE IVERS 25 100 89/90 62/64 A4 /45
STELLAR REFERENCE ) 85 9 54 35
DRIVERS ) 100 95,/98 88/70 48/50
DTU 20 95 % 69 49

DSU 20 105 87 58 25
CEA, DDU, CONSCAN 20 105 w7 72 “
BATTERY 0 60 71 52 12
PROPULSION TANK 40 1no 100 72 "

“BASED ON FRONT SUN OPERATION
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Table 7-8. Pioneer F and G Flight Experiment Temperature Predictions

(Degrees F)

ACCEFTANCE
EXPERIMENTS TEMPERATURES SIDE SUNM | FRONT SUN FRONT SUN
. KT 1 AU) (1 AU) & AU)
(MAGNETOMETER - | 4% ™ 75 &0
METEOROID -22 122 o8 &9 52
CHARGED PARTICLES -20 104 )| 47 .34
TRAPPED RADIATION -20 104 99 52 38
UV PHOTOMETER —40 122 .98 62 48
GEIGER TUBE -20 100 92 57 43
IMAGING PHOTO- =20 120 %0 60 47
METER /
COSMIC RAY =20 104 93 58 44
PLASMA ‘ -20 90 100 70 53
ASTEROID/METEOROID -58 122 124 95 53
IR RADIOMETER -22 % 83 44 2
EXPERIMENT PLATFORM ] 90 87 68 42




APPENDIX A

MICROMETEOROID PHOTO-SENSOR

1. GENERAL DESCRIPTION

The micrometeoroid photo-sensor system (Reference A-1) was
conceived by TRW for use in missions passing through the asteroid
belt. Particle or asteroid parameters are deduced by photo-detecting
sunlight reflected from the object and measuring the temporal and
amplitude characteristics of this radiant input as the object traverses
the system's 30-degree optical field of view (FOV). The pointing direc-
tion of the system is along the spacecraft spin vector. The optical con-
figuration consists of a 152 mm focal length, f/0.87 objective which
focuses the light onto the photocathode of a S-11 photomulﬁplier tube
{see Figure A-1), The 80-mm diameter active surface of each tube is
masked by a reticle consisting of alternate opaque and transparent
rings. Because of the spinning motions, star images will describe
circular paths on the reticle, staying within one band and not producing
any modulation in the photomultiplier signal., As a detectable object
passes through the field of view, the object image traces a path
across the photo surface generating an output pulse train which is pro-
cessed to give field-of-view transit time, apparent object radiance,
orbital plane relative to a system reference plane, and range variation
of the objects observed as well as the encounter event rate. Appro-
priately signal conditioned, this data is telemetered to earth for data
reduction. Using estimated values of object mean‘veloci._ty, albedo,
size and population density of objects ranging from 10-5 grams up

can then be determined.

This system operates on a simpler principle than the Sisyphus
system because it requires only a single optics and signal processing
involves fewer geometrical quantities. The major disadvantage is the
inability of the system to measure velocity or range, although it can

detect relative angular velocities,



A. OPTICAL CONFIGURATION
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Figure A-1, Meteroid Photosensor System

2. SYSTEM PERFORMANCE

For a spherical object of radius r, at distance R from the

sensor, the voltage signal-to-noise ratio is given by

Computed from known Computed from

Measured or assumed values measurements Unknown
2t n 1/2
s/N PFD ( (o) ) . 1 . rZ
45:29 Ns Ps pAfw EZ'

where the parameter descriptions and assigned values are listed in
Table A-1, To the extent that assumed parameter values are accurate
and S/N and R can be accurately measured, a determination of r can
then be made, R is estimated by dividing an assumed cross-range
velocity, V, by the measured angular rate, w = §_,/T where T is the
total transit time and 8. is the angular chord length traced by the
object across the system field-of-view. For a threshold S/N of 5, the
maximum range R, at which an object of radius r may be detected is
given by the relation Ry = 6 x 105 r, Thus an object of 50~-meter size
could be detected at a range of 30, 000 km,
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Table A-1,

Micrometeorcid Photosensor System Parameters

Parameter

Symbol Paramgter Description Value

1. Lens diameter 178 mm

2. Particle albedo 0.05

3. Solar flux between 0.4 and 0,6p at 2 x ol? photons/
1 AU from sun {cm*“-sec)

4, to Optics transmittance 0.7

5. n Photocathode quantum efficiency 0.1 electrons/

photon

6. a Approximate asteroid belt distance v'10 AU
from the sun

7. (S/N)o Threshold post-detection signal- 5
to~-noise voltage ratio

g8, 8 Sensor system field-of-view 30 deg

9. NS Star field density normalized to 50 per sq deg
stellar magnitude of 10 reduced by
2 due to mask blocking factor

10. P Star flux rate due to 10th magni- 102 énhotons/

5

tude star {cm®-sec)

11, Af Post-detection, pre-threshold 25 cps
filter bandwidth

12. K Ratio of mask angular line width 0.1
to total field of view

13, V Mean cross range velocity of 10 km/sec

particles at /10 AU

3, RATE OF DETECTION OF LARGER METEOROIDS BY THE
TV IMAGE SYSTEM

The rate of detection depends on the size and abundance of the

meteoroids and asteroids, and on the sensitivity of the optical system.

Even with a 6th or 9th magnitude detection threshold there will be

few detectable encounters of sizeable target objects.

A-3




Figure A-2 shows apparent mangitudes of asteroid bodies at
various distances d as a function of diameter D, An asteroid of 1 km
diameter must be within 5 X 105 km to be detected as a 6th magnitude

object. A solar distance of 2.5 AU is assumed as basis of this plot.

Figure A-3 shows the ideal detection range of objects from Oth
to 9th magnitude as a function of object diameter. The example of a
1 km diameter object requires a detection range of 5 x 105 km with a
sensitivity threshold of 6th magnitude stars. This graph does not take

actual optical characteristics of the image system into account.

Figure A-4 uses the above data and a nominal meteoroid flux
model to determine the number of cbjects that can be detected per day
by an ideal detection system with an assumed 20-degree ficld-of-view.

The sensitivity threshold again is the parameter in this graph. *

An additional set of curves in this diagram gives the time required
for the object to cross the 20-degree field of view, which depends on the
detection range implied by the diameter of the object and the system's
detection threshold a 10 km/sec relative velocity was assumed as

typical for the encounter.

The graph shows that a sensitivity threshold of 9th magnitude
would yield slightly more than one detection over a 10-day interval for
objects of { m diameter, and a single detection every 100 days for
objects of 100 m diameter. Detection of the more abundant smaller
objects runs into a lower size limit given by the minimum time of
crossing the field of view for which the detection system is designed.

A 1 second lower limit would make the minimum object size approxi-

mately 10 cm.

Reference A-1. "Proposal for Electro~Optical Micrometeoroid Detec-

ic;ré_iFeasibility Study, "' TRW Systems Proposal No. 10782, 11 December

* These results, derived for a 20-degree field of view, should be updated

to reflect the 50 percent larger field-of-view angle {30 degrees)
assumed in the analysis,
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APPENDIX B

ESTIMATED NUMBER OF ACCESSIBLE ASTEROIDS
FOR A MISSION WITH ARBITRARY LAUNCH DATE

An estimate of the number of accessible asteroids for arbitrarily
timed missions can be obtained by assuming a uniform random distribution
of asteroids in a given volume of the asteroid belt. The key parameter in
this estimate is the assumed maneuver capability AV of the spacecraft

which determines asteroid accessiblity.

Figure B-1 defines the model underlying this analysis. A tube of
radius T with the reference trajectory as centerline is assumed as the
volume in space that contains the number NT of asteroids accessible by
retargeting maneuvers AVT. For a three-asteroid mission only the
second and third asteroid require retargeting maneuvers from the refer-
ence trajectory. An average AVT requirement is defined by letting the
second and third asteroid be located at the outer wall of the tube and on

the centerline, as illustrated in the diagram. The length of the tube is:

CUTOFF
NEAR APHELION

BE VO LUME

RING VOLUME
1.8 8Y 3.7 AU
BY 0.2 AU THICK

CONTAINS 431

NUMBERED

ASTEROIDS o
LAUNCH

Figure B-1l. Assumed Model for Calculation
of Accessible Asteroids
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determined by assumed start and end points of the encounter sequence,
The start occurs at entry in the asteroid belt and the encounters are ter-
minated at a central angle 75 degrees from the start. This places the end
point not far beyond aphelion passage. This provides a realistic estimate
of flyby opportunities since encounters long after aphelion passage are
hampered by unfavorable lighting angles and, hence, increasingly difficult

terminal navigation requirements,

The following additional assumptions were made in this calculation:

. A ring-shaped volume of the asteroid belt, 1.8 by 3.7 AU and
0.2 AU thick contains 431 numbered asteroids {see Reference
3-1) on the average. Thus, the spatial density is about
2.5 x 107°? numbered asteroids per km>.

e This number is doubled if unnumbered asteroids are also
accepted as targets. '

. A typical reference trajectory is assumed to have an aphelion
of 3.6 AU and zero inclination to the ecliptic plane,

® The second maneuver requirement is estimated to be of the
same magnitude as the first under average conditions (low AV
estimate) or up to three times larger than the first under
worst-case relative positions of the second and third target
asteroids, (upper AV, estimate). The upper estimate gives a
total {_\VT, twice as lrarrge as the first.

The resulting number of asteroids NT in the tube volume and upper
and lower estimates of maneuver requirements AVT are plotted versus
tube radius r in Figure B-2. This shows that for a maneuver limit
of 500 m/sec the accessible tube radius varies between 4,5 and 9
million km, and the number of accessible asteroids at any launch date

ranges from less than one to more than six, depending on the assumed
number of asteroids in the ring volume defined above. If a larger
maneuver capability of 1000 m/sec were assumed (not compatible with
the modified Pioneer propellant capacity) the number of accessible
asteroids would increase, varying from 3 to 30, i.e,, about five times

more astercids by doubling the maneuver capability.
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Required Retargeting Maneuver,

Figure B-3 shows the probability of finding M or more asteroids in
the tube volume for arbitrary launch dates, if, on the average, the
number of asteroids irn the tube is NT' This calculation, dealing with the
probability of occurrence in small sample cases, is based on a Poisson
distribution of encounters. The graph on the left gives this probability as
a function of the desired number of asteroids in the mission (M}, the graph
at the right as a function of average retargeting maneuver requirements
AVT and tube radius rp. The average number of accessible astéroids
NT in the tube is the parameter of the curves shown in both graphs., As
an example, the probability of finding three or more accessible asteroids
for missions with arbitrary launch dates is 0.5 if NT = 3. The average

total maneuvering requirement for this case is about 650 m/sec.

These results are in general agreement with the many examples of

possible mission candidates that are listed in Reference 3-1,
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APPENDIX C

MICROMETEOROID EXPOSURE DURING ASTEROID ENCOUNTER

A preliminary analysis was performed to compare the micro-
meteoroid exposure of the asteroid spacecraft to that of Pioneer F and G,
and to determine whether additional meteoroid impact protection must be
provided. The difference of the two mission profiles from a standpoint of
meteoroid impact hazard involves primarily the length of time of exposur
and the relative velocity of particles encountered. The flux density ¢ in
particles per m-zfsec increases in proportion with the relative velocity
which is about 50 percent larger, on the average, for the rapidly moving
Jupiter probe than for the asteroid probe. Another factor is the angle of
incidence and the shielding provided by the high-gain antenna during that
part of the asteroid mission where meteoroids would tend to impact from

the front.

For the mission profile of the asteroid probe the incident angle
changes continuously. Initially, after entry into the asteroid belt the
particles tend to come from the rear; at the time of aphelion passage they
tend to come from the side in a direction opposite to the spacecraft helio-
centric velocity; after aphelion passage the incidence is increasingly fron
the front. This analysis is based on the simplifying assumptions that:

1) The majority of the particles encountered are

of asteroidal origin and move in circular co-
planar orbits with the spacecraft.

2) The spacecraft is sun-oriented rather than
earth-oriented. Actually, during the asteroid
belt cruise the sun-probe-earth angle varies
between +20 and -20 degrees and affects the
incidence angles accordingly.
The number of particles of mass m or greater that impact a

spacecraft with exposed area A per unit time is given by:
N=AS V. cosg¢ (partiéles per mz/sec)

where



S - number density of particles of mass m or greater
(particles per m )

V_ - relative velocity of particles relative to the spacecraft
{m/sec)

2
A - exposed area {(m )

¢ - orientation angle of relative velocity vector V with
respect to the surface normal of A
Thus the number of impacts during a mission that remains inthe asteroid

beit for a total time T {sec) is given by

T S T
Np = Asof 5 V_cos ¢ dt = Asof F(R) dt
Q o]

where So is a reference number density which reflects the maximum
particle flux in the center of the asteroid belt, and the density S is a
function of solar distance R. The integration must take the range varia-
tion of the integrand F(R} = Si vV, cos ¢ into account. This integrand

will be referred to as exposu:ge index.

Figure C-1 shows the variation of the exposure index F(R) (in
km/sec) with solar distance for Pioneer 10 and a 4 AU asteroid belt probe.
The principal difference between the two curves (dashed lines) is ex-
plained by the dissimilarily in the normal velocity component Vr cos ¢
of the incident particles (solid lines). In the case of the asteroid probe
this component goes to zero at aphelion (R = 4 AU). Shielding by the
antenna dish is assumed to exclude damage due to particles striking the
front side of the spacecraft. Hence, the exposure index corresponding

to the probe's return trajectory is set equal to zero.

The exposure index also reflects the range variation of the relative
density S/SO, in accordance with 2 nominal model of particle distribution
across the asteroid belt (Reference C-1). The maximum of this distri-
bution cccurs at R = 2.8 AU.

Figure C-2 shows the exposure index F(R) replotted as a function

of time from entry into the asteroid belt, (The predicted incidence of



EXPOSURE INDEX F(R) (KM/SEC)

0 ‘.l 1 1 \l\

PIONEER 10
(JUPITER FLYBY) |

EXPOSURE INDEX F(R) (KM/SEC)

/
y/4 ASTEROID \ \
// SPACECRAFT \\
4
w4 (4 AU MISSION) . \
o ~
~,
0 | | [ ™~
2 3 4

SOLAR DISTANCE (AU)

Figure C-1. Exposure Index for Pioneer 10 and
Asteroid Spacecraft versus Solar Distance

PIONEER 10
{JUPITER FLYBY)

ASTEROID SPACECRAFT

/(4 AU MISSION)

0 100 200
DAYS FROM ASTEROID BELT ENTRY

Figure C-2, Exposure Index for Pioncer 10 and
Asteroid Spacecraft versus Time

C-3




particles before entry into the asteroid belt is small according to the

nominal model of the spatial density S(R) and has been ignored here,)

The area under the two curves in Figure C-2 represents the
normalized total number of particles of mass m or greater that strike
the rear of the spacecraft during the two missions. To obtain an actual
number this integral must be multiplied by a reference density So and

the exposed area A.

Without calculating the actual number of bits predicted by this
model we note that the area under the asteroid probe curve is slightly
smaller than that under the Pioneer 10 curve. The integrals are
1.1 x 1010 and 1.2 x 101

that the exposure hazard for the asteroid probe is about comparable to

0 (in units of meters), respectively. This shows

that of the Pioneer 10 and no added protection is required (other than the
local shielding of the protruding propellant tank section in frent and rear,

as discussed in Section é).

We also note that results obtained for the astercid mission is
conservative assuming a 4 AU aphelion and hence, an exposure time that
is about 30 to 50 percent longer than that experienced for a more typical
mission to 3-3.5 AU. Secondly, the asteroid dengity distribution may

actually vary less strongly with range than in the nominal model of S/SO.

This appears likely on the basis of preliminary data regarding
micrometeoroid impacts counted by Pioneer 10 as of this writing. In
that case the difference in the time histories of Vr cos ¢ for the two
spacecraft would tend to favor the asteroid probe compared to the Jupiter
probe, and would make the integrated particle count of the asteroid
probe relatively even smaller,

As a guantitive example we consider impacts by particles of 10—3

grams or larger. Published models of the spatial density vary between
10713 and 10710

.3 m2 and using the above values of the normalized 'mtegraloyF dt,
3

3 .
per m” for this value of m, With an exposed area of about

the number of bits projected for both missions is of the order of 10~
to 1.



APPENDIX D

MULTIPLE DSIF STATION COVERAGE
(210-FOOT ANTENNAS)

The use of X-band telemetry introduces the problem of weather
dependence at the ground station. In contrast to other planetary mis-
sions for which X-band telemetry is projected the MAF mission is
characterized by extremely brief target encounters. During the
critical few minutes of encounter there cannot be any margin for failure
of downlink communications. The mission plans should therefore in-
clude provisions for multiple DSIF station coverage at each asteroid

encounter,

Figure D-1 shows overlap zones of the Goldstone, Madrid and
Canberra stations where 210-foot antennas are located. Figure D-2
illustrates in geometrical terms the influence of the launch season on
northern versus southern latitude tracking capabilities during the mis-
sion. Preliminary analysis of combined coverage by the Goldstone and
Madrid stations yields qualitative results on favorable and unfavorable
launch seasons which are listed at the bottom of F'igure D-2. Combined
Goldstone/Canberra coverage is less dependent on the launch season
but is available for at most five hours per day. This problem requires

further study as mission plans begin to materialize.
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Figure D-1, DSN Coverage for Ecliptic Missions



APHELION

EXAMPLE:
LAUNCH IN
FALL

GOLDSTONE/MADRID COVERAGE:

MAXIMUM OVERLAP:
100 DEG = 6.6 HOURS

LAUNCH MISSION PHASE

SEASON OUTBOUND | APHELION INBOUND
SPRING COOR
SUMMER FAIR

FALL POOR

WINTER FAIR

GOLDSTONE/CANBERRA COVERAGE:

NEARLY UNIFORM REGARDLESS OF LAUNCH SEASON AND ARRIVAL TIME.
70 TO 75 DEG OVERLAP = 4.8 HOURS

Figure D-2, Seasonal Influence on DSN Coverage

D-2



